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Nose  fan  normal  force  coefficient.  Not  used  in  this 
simulation. 
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Thrust  spoiler  effectiveness. 

Function  describing  variation  of  nose  fan  thrust  with 
thrust  reverser  door  position. 

Not  used  in  this  simulation. 

Rolling  moment,  ft.  lbs. 

Lift,  lbs. 

Refers  to  left  wing  fan. 

Cosine  of  angle  between  body  x  axis  and  inertial  x  axis. 

Cosine  of  angle  between  body  x  axis  and  inertial  y  axis. 

Cosine  of  angle  between  body  x  axis  and  inertial  z  axis. 

tail  moment  arm,  feet. 

Mill  lamps 
Millivolts 

Pltohing  moment,  ft.  lbs. 

Cosine  of  angle  between  body  y  axis  and  inertial  x  axis. 

Cosine  of  angle  between  body  y  axis  and  inertial  y  axis. 

Cosine  of  angle  between  body  y  axis  and  inertial  z  axis. 

Refers  to  main  fans. 
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NF 
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Main  fan  mass  flow  rate,  slugs/sec.  (both  fans). 

Nose  fan  mass  flow  rate,  slugs/sec. 

"MODIFIED  NEW  FUNCTION",  used  in  conjunction 

g 

with  AC  (Sin  (a -5 CP ))  in  generating  the  low  speed 
m 

angle  of  attack  caused  variations  in  pitching  moment. 

Normal  force,  lbs. ;  also  100  -  n  ,  percent 

R 

Yawing  moment,  ft.  lbs. 

Cosine  of  angle  between  body  z  axis  and  inertial  x  axis, 
also  load  factor  in  x  direction,  g's. 

Cosine  of  angle  between  body  z  axis  and  inertial  y  axis, 
also  load  factor  in  y  direction,  g*s. 

Cosine  of  angle  between  body  z  axis  and  inortial  z  axis, 
also  load  factor  in  z  direction,  g’s. 

Right  wing  fan  RPM,  percent  of  maximum. 

Percent  gas  generator  RPM. 

Left  wing  fan  RPM,  percent  of  maximum. 

Wing  fan  RPM,  percent  of  maximum. 

Nose  fan  RPM,  percent  of  maximum. 


Output 

lb.  /sec. 
lb.  /sec. 

Potentiometer 


Wing  fan  power,  a  function  of  N  ,  ft. 


Nose  fan  power,  a  function  of  N^,  ft. 


xx 


•  CO 


PSF 


Pounds  per  square  foot. 


POF  #1 
POF  #2 
P 

s 

q 

qAVE 

8 

qRT 

8 

qLT 

q 

q 

r 

R 

q 

RT 

RMS 

S 

w 

X 

SA 


First  phasing  function  used  with  low  speed  terms. 
Second  phasing  function  used  with  low  speed  terms. 

Body  axis  roll  rate,  rad.  /sec. 

T  V  2 

ooo  2 

Slipstream  dynamic  pressure,  — - —  +  p  — — ,  lbs/ft. 

A  i 

F 

g 

Average  q  for  right  and  left  wing  fans. 

Ritfit  wing  fan  slipstream  dynamic  pressure. 

Left  wing  fan  slipstream  dynamic  pressure. 

p  2  2 

Dynamic  pressure,  ^  V  ,  lbs. /ft. 

Body  axis  pitch  rate,  rad.  / sec. 

Body  axis  yaw  rate,  rad.  /sec. 

Ratio  of  free  stream  to  slipstream  dynamic  pressure, 

Q  S 

—  .  Also  is  equivalent  to  1-T 

q 

Refers  to  right  wing  fan. 

Root  mean  square. 

2 

Wing  area,  ft. 

Velocity  along  inertial  x  axis,  uf  +  vm  +  wn  ,  ft.  /sec. 

JC  X  X 

Stability  augmentation 


xxi 


s 


s 


z 


s 


s 


s 


s 


e 


S 

t 


ooo 


RT 


ooo 


LT 


NF 


NF 


TF 


Velocity  along  inertial  y  axis,  ui  +  vm  +  wn  ,  ft.  /sec. 

y  y  y 

Velocity  along  inertial  z  axis,  -£,  ul  +  vm  +wn  , 

/  z  z  z’ 

ft.  /sec. 

J  S^dt,  ground  distance  in  inertial  x  direction. 
f  8  dt,  ground  distance  in  inertial  y  direction. 


/ 


S  dt,  ground  distance  in  inertial  z  direction. 
£ 


2 

Tail  area,  ft. 

2 

Elevator  area,  ft. 

Laplace  operator 
time,  seconds 

Turbojet  thrust.  Equivalent  to  F  . 

N 

Right  wing  fan  thrust  if  0  ,  0  and  V  were  reduced  to 

8  V  X 

zero.  A  function  of  N  and  p  only. 

F 

Same  as  above  for  left  wing  fan. 


Nose  fan  thrust. 

Nose  fan  thrust  if  V^  were  reduced  to  zero.  A  function 
of  NNp  and  p  only. 

Short  Notation  for  Transfer  Function 
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w 


Thrust  coefficient, 


Also  average  T^8. 


Time  to  one-half  amplitude 


Time  to  double  amplitude 


V.  V, 


Inertial  velocity  along  body  x  axis. 

Component  of  wind  velocity  along  body  x  axis. 

Aerodynamic  velocity  along  body  x  axis,  u  =  u  +  u  . 

A  W 

Total  velocity,  ft.  /sec. , 

Volts 

Inertial  velocity  along  body  y  axis. 

Component  of  wind  velocity  along  body  y  axis. 

Aerodynamic  velocity  along  body  y  axis,  v  Bv+v  . 

a  w 

Weight,  lbs. 

Inertial  velocity  along  body  z  axis. 

Axial  force,  lbs. 

Distance  along  body  x  axis,  ft. ,  Positive  fwd. 

Distance  along  body  x  axin  from  a  point  to  c.  g. 
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Distance  from  center  of  nose-fan  to  c.  g. ,  ft. 


*NF 


y 

Y 


y 


i 

z 

a 


“UM 

0 


0 


UM 


0 


0 


0 


v 


Tail  moment  arm,  ft.  Equivalent  to  I  . 

V 

Distance  along  body  y  axis,  ft. ,  positive  out  rt.  wing. 
Sideforce,  lbs. 

Wing  fan  moment  arm  ft. 

Distance  along  body  y  axis  from  a  point  to  c.  g. 
Distance  along  body  z  axis,  ft.  Positive  downward. 
Tail  moment  arm  in  xz  plane. 


Distance  along  body  z  axis  from  a  point  to  c.  g. 

Force  aiong  body  Z  axis,  -N,  pounds 

-1  w 

Angie  of  attack,  Sin  /•;•••= T",  degrees. 


r 2 — 5 
▼u  +  w 


Angle  of  attack,  limited  to  some  maximum  value  for 
purposes  of  this  simulation,  average. 

-1  v 

Sideslip  angle,  Sin  — ,  degrees. 

T 


Sideslip  angle,  limited  to  some  maximum  value  for 
purposes  of  this  simulation. 

Right  wing  louver  stagger  angle,  0  -0  .degrees. 

1__ 

R  R 

Left  wing  louver  stagger  angle,  0  -p  ,  degrees. 

2L  1l 

0  +0 
▼rt  vlt 

Average  louver  veotor  angle, - - - ,  degrees. 
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Right  wing  louver  vector  angle, 


,  degrees. 


y 


6lat 

6 

e 

6 

a 


fi 


2 


Left  wing  louver  vector  angle, 


2 


,  degrees. 


Forward  right  wing  louver  set  angle,  degrees,  meas¬ 
ured  from  the  z  axis  direction,  positive  aft.  The 
reference  on  the  louver  is  a  tangent  to  the  rear  louver 
surface,  and  the  7  th  louver  used  as  the  reference. 

Aft  right  wing  louver  set  angle,  degrees,  measured 
from  the  z  axis  direction,  positive  aft.  The  8th  louver 
is  used  as  the  reference. 

Forward  left  wing  louver  angle. 


Aft  left  wing  louver  angle. 

Flight  path  angle,  equal  to  pitch  angle  minus  angle  of 
attack. 

Percent  lateral  stick,  positive  right. 

Elevator  deflection,  positive  trailing  edge  down. 


Total  aileron  angle,  6  -  6 

ft. 

L  R 


Right  aileron  angle,  positive  trailing  edge  down. 


Left  aileron  angle,  positive  trailing  edge  down. 


Flap  angle,  positive  trailing  edge  down. 


4.- 


6 

P 


6 


d 


6 

T 


i 

v, 


0 

0 

0 

0 


RB 


BT 


O’ 


T 

* 

♦Uw) 


Nose  fan  thrust  reverser  position!  positive  in  decreasing 
thrust  direction!  measured  from  maximum  thrust 
position. 

Aileron  droop  angle,  positive  trailing  edge  down. 


Rudder  position,  positive  trailing  edge  left. 


Down  wash  angle  at  tail. 
Damping  ratio. 

Tail  efficiency  factor. 


Euler  pitch  angle. 

Rigid  body  pitch  angle. 

Tail  total  pitch  angle. 

Tail  pitch  angle  due  to  bending  at  the  tail. 


Sea  level  standard  day  density,  .  002378  slugs/ft. 


Air  density,  slugs/ft. 


Density  ratio,  —  ,  density  at  altitude  compared  to 
Po 

density  at  sea  level. 


Standard  Deviation  of  normal  distribution. 


Normalized  slope  of  i^  flexible  body  mode  at  point  j. 


Time  constant,  seconds,  or  torque,  foot-pounds. 
Euler  Roll  Angle. 

Power  Density  spectrum. 
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9 


Euler  yaw  angle. 

Wind  direction,  measured  from  *  =  0. 

Angular  frequency,  rad.  /sec. 

Natural  frequency  of  second  order  system,  rad.  /sec. 
Ohms 

th 

Normalized  deflection  of  i  flexible  body  m<xle  at  point  j. 
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PREFACE 


This  is  Volume  II,  of  two  volumes,  published  under  Report  No.  157. 
This  volume  presents  the  details  of  the  studies  made  and  also 
presents  the  results  of  these  studies,  as  well  as  supporting  analyses 
which  may  be  found  in  the  Appendix. 

Volume  I  under  separate  cover  details  the  mechanization  and  checkout/ 
verification  of  the  Ryan  Flight  Simulator. 
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3.  0  FUGHT  SIMULATOR  AND  SYSTEMS  DYNAMICS  STUDIES 


* 

t 


The  effect  of  the  stability  augmentation  system  on  the  aircraft  in  hover 
was  analyzed  by  root  locus  techniques.  The  root  locus  studies  of  hover 
were  performed  by  considering  the  roll-sideslip  degrees  of  freedom 
separately  from  the  pitch-forward  translation  degrees  of  freedom.  Yaw 
was  non-critical,  and  all  development  of  this  axis  was  done  by  piloted 
simulator  evaluations.  A  summary  of  these  studies  is  presented  below: 

3. 1  ROOT  LOCUS  STUDY  OF  ROLL  CONTROL  SYSTEM 


The  forces  and  moments  acting  on  the  aircraft  near  hover  come  from 
ram  drag  aerodynamic  effects  or  control  effects  on  the  fans.  The  equa¬ 
tions  showing  the  force  and  moment  summations  near  hover  that  were 
used  in  this  study  are  given  below. 


s  F  s 

q  - V  AC 

q  AVE  2  yF  * 


N. 


s 


-V)134v-2"mfV  (1> 

LT  RT/ 


2Y  =  -31.8v 

The  equations  of  motion  used  are  given  as: 


(2) 


P 


I 


xz  •  ££ 

I  F  +  I 

X  X 


(3) 


v 


(4) 


Substituting  and  transforming  ( Laplace  )  we  obtain,  if  Ixz/Ix  is  negligible; 

"  AVE ff  yF  <  <AV  -  1MV  '  2AMFyF2  »  <8) 


mvS  =  W</>  -  31.  8  v  (6) 

Solving  for  the  roll/sideslip  transfer  function,  the  result  is: 
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V 


s 


I  S  (p  =  q8  — -  y_  AC  8  (A/3  )  -  134v  -2m_  y_  &/> 

x  AVE  2  JF  N.  '  s'  F  F 

^s 


(7) 


v  = 


W</» 


mS  +  31.  8 


(8) 


The  resulting  final  roll/sideslip  transfer  function  is: 


<P  _ 


A/3 


8 


r»__ 

8  F  An  8 
q  — —  y„  AC 

AVE  2  *F 


(mS  +  31.  8) 


V  ( 


I  ms3  +  31. 8  I  s2  +  134W 1 
x  x  / 


(9) 


The  roll  control  system  is  shown  in  Figure  140  of  this  section.  The 
transfer  functions  of  the  individual  components  are  shown  below. 


Rate  Gyro 


TF  = 


KpS  (l602) 


s2  +  isos  +  ieo2 


where:  =  400  millivolts  /deg.  /sec 


Servos  and  Drive  Network 


ksn  <22)  (l8sZ) 


TF  = 


(S  +  22)  (S2  +  2  (188)  S  +  1882) 


where: 


K  .  ,93, 

SN  8ma  mv 


and  where  the  .  93  factor  accounts  for  reduced  valve  gain  due  to  increased 
oil  temperature  over  ambient. 


Notch  Filter 


TF  =  kn 


/  1  - s  V  \ 

\  1  +  4S/o)  +  S2/ui  2/ 
'  o  o  / 
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Figure  140  Roll  Control  System  -  Block  Diagram 


4-  •  * 


where:  w  =  100 
o 


K  =  0.58 
N 


Stability  Augmentation  System  Input  Network 


Holding  Mode:  TF 
Maneuvering  Mode: 


K  R  (1/Rt  +  S) 

H 

(l/r  +  S) 

TF  -  km 


where:  K  Varies  from  0  to  1.  0 
H 

K  Varies  from  0  to  .  035 
M 

R  =  .  10;  .  05;  .03;  .  02;  .01;  .  0025 
r  =  10  sec. 

The  c  /er-all  roll  stabilization  system  gain  is  the  product  of  the  gains  of 
the  individual  components. 

Roll  System  Overall  Gain: 


Holding  Mode:  Gain  = 


/  400  mv  \  /6.  8°/Wing\  /.666  ma\ 

\deg77sec/  \  8  ma  /  \  mv  / 


x  (.  58)  (.  93)  <KhR) 


/  123deg_\ 

\  deg.  /sec  J  H 


Maneuvering  Mode: 


Gain  = 


.  035  K 

M 


The  primary  stabilization  system  leaves  open  to  the  pilot  the  capability  of 
setting  R,  and  K^. 

R  is  set  at  any  of  the  6  possible  settings  from  .  10  to  .  0025  (positions  6  to 
1  respectively),  while  and  Km  are  set  on  pots  which  vary  as  shown  in 
Figure  141 . 
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The  maximum  gain  in  holding  mode  (pot  set  at  position  10)  is  R  x  123 
deg/deg/sec. 

The  maximum  gain  in  maneuvering  mode  (pot  set  at  position  10)  has  been 
arbitrarily  set  at .  035  x  l23°/°/sec  or  4.3  deg/deg/sec. 

The  two  modes  of  the  stability  augmentation/aircraft  system  (maneuver¬ 
ing  and  holding)  are  studied  separately  below  for  the  hovering  conditions 
given  in  Table  1. 


TABLE  1 

NOMINAL  CONDITIONS  AT  HOVER 


w 

=  9200  Lbs. 

q®  =  202  PSF 

I 

xz 

=  919  Slug-Ft.  2 

m  =  12.  56  Slugs/sec/fan 

MF 

I 

z 

=  17,418  Slug-Ft.2 

mNf,  =  4. 38  Slugs/sec 

I 

X 

=  4252  Slug-Ft.2 

T„_  =  1500  Lbs. 

NF 

I 

=  15,139  Slug-Ft.2 

/3  =27° 

y 

8 

3.1.1  Holding  Mode 

In  holding  mode  there  are  two  variables  open  to  the  pilot;  the  over-all 
gain  of  the  stability  augmentation  system,  and  R  which  is  effectively  the 
ratio  of  rate  to  position  gain. 

In  the  SA  system,  R  can  assume  following  values: 

R  =  .10,  .05,  .03,  .02,  .01,  .0025 

For  each  of  these  values  of  R,  a  separate  root  locus  has  been  drawn, 
showing  the  paths  of  travel  of  the  roots  as  the  system  gain  is  varied  from 
0  toward  infinity. 
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The  numbered  positions  on  the  root  locus  plots  are  points  at  which  spe¬ 
cific  gains  were  computed. 

In  the  plots  corresponding  to  an  R  of  .  0025,  gains  were  not  computed  be¬ 
cause  a  stable  system  is  unattainable  at  this  R. 

In  several  cases ,  more  than  one  plot  was  made  for  each  R  in  order  to 
compute  gains  on  plots  scaled  for  maximum  accuracy. 

Figures  142  through  149  show  the  root  locus  plots  for  roll/sideslip  in 
hover  and  holding  mode  for  each  value  of  R. 

In  each  case,  the  dominant  mode  of  the  system  is  the  second  order.  De¬ 
termination  of  which  of  the  singularities  on  the  S  plane  give  rise  to  the 
second  order  can  be  determined  by  the  reader. 

The  effect  of  the  SA  system  on  dominant  mode  which  the  pilot  sees 
and  flies  is  summarized  for  various  values  of  R  in  Figure  150. 

Also  shown  on  Figure  160  are  the  acceptable  areas  for  location  of  the 
dominant  second  order  mode  according  to  References  3  and  10. 

To  determine  whether  or  not  the  simulation  agreed  with  the  root  locus 
results,  the  gains  on  the  simulation  at  which  the  system  goes  unstable 
were  determined  for  an  R  of  .  10  in  both  pitch  and  roll,  and  compared  to 
the  predicted  gains  for  instability  from  the  root  locus.  The  gains  from 
both  sources  agreed  closely.  (See  Table  2. ) 

3.1.2  Maneuver  Mode 

In  maneuvering  mode  only  rate  feedback  is  used  to  augment  the  stability 
of  the  aircraft.  The  root  locus  showing  the  effect  of  the  stability  aug¬ 
mentation  system  on  the  aircraft  in  maneuvering  mode  at  hover  is  shown 
in  Figure  151.  As  can  be  seen,  large  gains  are  required  to  first  stabilize 
and  then  destabilize  the  aircraft. 

3. 1. 3  Effect  of  Notch  Network  on  Roll  System 

In  order  to  evaluate  the  effect  of  the  notch  filter  on  the  system  in  the 
holding  mode,  a  root  locus  of  the  roll  control  system  was  constructed 
which  did  not  contain  the  notch  singularities. 

The  locus  was  constructed  in  two  parts  at  a  value  of  R  of  .  10  and  is  pre¬ 
sented  in  Figures  152  and  153. 
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Figure  147  Roll  {System  Hover  Holding  Root  Locus,  R  =  .  02 


TABLE  2 

EFFECT  OF  SAS  (HOLDING  MODE)  ON  DOMINANT  2ND  ORDER 


MAX.  NET  SA 

FEEDBACK 

RATIO 

(AT  HIGH 

DAMPING 

POINT 

(R) 

FREQUENCY) 

(4) 

12.3°  /°  /sec 


12.3 

6.15 


6. 15 
3.69 


3.69 


.  10 
.51 
.80 
.95 

1.  0 
.50 
.  10 

0 

.  10 
.50 
.85 
.84 
.60 
.40 
.  10 
.40 
.56 
.54 
.40 
.20 


.99 

.99 

.99 

.99 

8.0 

10.0 

15.5 

18.5 
1.5 

2.4 

3.5 

6.6 

9.2 

12.  0 
18.8 
2.0 

4.8 

7.8 
10.4 
14.7 


♦Stability  Limit  (Simulation  yields  6+) 

**x  100  yields  %  of  maximum  capability 

—Out  of  Range  (Max.  is  10  or  1. 00  on  Gain) 
Airframe  gain  3.  84  rad/secVrad 


GAIN** 

(kh) 


.026 
.043 
.  052 
.067 
.076 
.162 
.415 
.575 
.122 
.244 
.384 
.472 
.595 
.960 
2.460 
.300 
1.085 
1.680 
2.304 
4.080 


POT 

SET 


TABLE  2  (Cont) 


EFFECT  OF  SAS  (HOLDING  MODE)  ON  DOMINANT  2ND  ORDER 


POINT 

RATIO 

(R) 

MAX.  NET  SA 
FEEDBACK 
(AT  HIGH 
FREQUENCY) 

DAMPING 

(4) 

FREQ 

<“N> 

GAIN** 

(kh) 

POT 

SET 

6 

.03 

3. 

69 

.05 

19.2 

6.500 

— 

1 

.( 

)2 

2. 

46 

.20 

8.25 

3.950 

— 

2 

.14 

15.75 

11.  110 

— 

3 

.( 

)2 

2. 

46 

.05 

18.25 

15. 100 

— 

1 

.01 

1. 

23 

0 

2.85 

2.210 

— 

2 

.01 

1. 

23 

.05 

4.85 

4.950 

— 

**x  100  yields  %  of  maximum  capability 

■ — Out  of  Range  (Max.  is  10  or  1.  00  on  Gain) 
Airframe  gain  3.  84  rad/sec2  /rad 


Reference  to  Figures  142  and  143 ,  and  comparison  with  Figures  152  and 
153  show  that  the  notch  network  causes  the  dominant  second-order  mode 
to  become  unstable  at  a  lower  frequency. 

Table  3  shows  the  characteristics  of  the  dominant  second  order  and  cor¬ 
responding  gains  and  pot  settings  for  each  of  the  points  shown  on  Figures 
152  and  153. 

The  over-all  effect  of  the  notch  is  a  pronounced  decrease  in  the  amount 
of  gain  required  to  drive  the  dominant  second  order  mode  unstable. 

The  gain  value  presented  in  Tables  2  and  3  is  the  fraction  of  the  maxi¬ 
mum  feedback  gain  available,  and  since  the  notch  itself  has  a  DC  gain  of 
0. 58,  the  maximum  feedback  gain  available  then  is  decreased  by  the 
notch. 

In  order  to  compare  the  true  feedback  gains  required  to  destabilize  the 
vehicle's  dominant  second  order  mode  with  and  without  the  notch,  the 
products  of  the  percentage  gain  figures  given  and  the  maximum  feedback 
capability  will  be  compared. 
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Figure  151  Roll  System  Hover  Maneuvering  Mode  Root  Locus 


* 


TABLE  3 

EFFECT  OF  SAS  (HOLDING  MODE)  ON  DOMINANT  2ND  ORDER 
WITH  NO  NOTCH  NETWORK  IN  LOOP 


POINT 

RATIO 

(*) 

MAX.  NETSA 
FEEDBACK 

DAMPING 

(4) 

FREQ. 

<"N> 

GAIN** 

(kh) 

POT 

SET 

1 

• 

10 

21.  2a 

/°  /sec 

.20 

.99 

.  0178 

1.6 

2 

.  50 

.99 

.  0236 

2.0 

3 

.90 

.99 

.  0305 

2.2 

4 

1.  0 

5.0 

.  0546 

3.1 

5 

1.  0 

10.6 

.  0630 

3.4 

6 

.  50 

17.5 

.  1830 

5.5 

7 

.10 

30.0 

.555 

7.5 

8 

• 

10 

21.2° 

/°  /sec 

0 

35.2 

.783 

8.8 

♦Stability  limit  (with  notch  yields  7.6) 

**x  100  yields  %  of  maximum  capability 
Airframe  gain  3.  84  rad/sec2 /rad 

Comparing  the  points  on  Figures  143  and  153  at  which  the  locus  crosses 
the  Jo;  axis,  and  referring  to  Tables  2  and  3,  we  can  calculate  the  maxi¬ 
mum  gain  allowable  for  each  case. 

On  Figure  143,  point  8  is  the  point  in  question,  and  reference  to  Table  2 
shows  that  this  corresponds  to  a  K^  of .  57  5.  The  maximum  net  SA 
feedback  gain  for  this  case  is  12.3  degrees  stagger  (per  wing)  per  de¬ 
gree  per  second  of  roll  rate.  Since  the  net  SA  gain  is  the  SA  gain  at  high 
frequencies,  and  the  high  frequency  gain  of  the  network  is  equal  to  R 
times  the  static  gain,  the  maximum  static  gain  in  this  case  is  123  de¬ 
grees  stagger  per  degree  per  second  roll  rate.  This  results  in  a  maxi¬ 
mum  allowable  gain  of  7 1  deg/deg/sec,  in  the  system  with  the  notch. 

On  Figure  153,  point  8,  with  reference  to  Table  3,  has  a  gain  of  .783, 
and  the  maximum  SA  feedback  gain  available  is  212  deg/deg/sec.  The 
roll  system  without  the  notch,  then,  has  a  maximum  allowable  gain  of 
166  deg/deg/sec. 
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3.  2  ROOT  LOCUS  STUDY  OF  PITCH  CONTROL  SYSTEM 


The  forces  and  moments  acting  on  the  aircraft  near  hover  were  derived 
from  momentum  or  control  effects  on  the  fans.  The  equations  showing 
the  force  and  moment  summations  near  hover  used  in  this  study  are: 


£  jH  =  a^anf-  V  -kf-^4  — 


IX  =  -31.  8  u -WO 


The  equations  of  motion  used  are  given  as: 


IX 

x  = - g0 

m 


2  M 


Substituting  and  transforming  (  Laplace  )  we  obtain: 


mSu  =  -31.  8u  -WO 


I  OS  =  I  M 

y 

Solving  for  the  pitch  /  x  transfer  function,  there  results: 

tnf(5W  (mS*31-8) 

KfV  <mV  s3  +  (31-  8Iy  *  4-  38  ’“NF2  ' m)  s2 

TNF(SNF)(mS+31-8) 

+  - 

(4.38)(31.8)(x^f)S  +  134W 

Linearizing  around  the  nominal  hover  nose  fan  door  position,  we  obtain: 


=  .  03/Degree 
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4. 


K 


The  resulting  final  pitch  /  x  transfer  function  is: 

e  (.  03  x  57. 4)  <Tnf  •  xNp)  (mS  +  31. 8) 

~6  3  1  2  \  2 

p  (ml  )  S  +  31. 8  I  +  4.  38  xVTr,  •  m|S 

y  \  y  nf  / 

+  (4.  38)  (31.  8)  (x2  )S  +  134W 
NF 

The  pitch  control  system  is  shown  in  Figure  154.  The  transfer  functions 
of  the  individual  components  are: 

Rate  Gyro 

KrS(  L6°2) 

TF  =  — - - 

S2  +  160S  +  16  02 


,  „  400  mv 

where:  'Si  =  5^7 


Servos  and  Drive  Network 


TF  = 


KSN  (22 )( *882) 


(S  +  22)  (S2  +  24  S(188)  +  1882) 


,  „  8.75  deg  .666  ma  _  _ 

where:  KOVT  =  — - -  x  - x  .  93 

SN  8  ma  mv 


Notch  Filter 


TF  = 


(1  +  S2/coq2) 


(1  +  4S/wo  +  S2/wo2) 


where:  wo  =  100  Rad 
=  °-58 
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PILOT 

INPUTS 


Figure  154  Pitch  Control  System  -  Block  Diagram 


Stability  Augmentation  System  Input  Network 


Holding  Mode:  TF 


Maneuvering  mode:  TF  =  Km, 

M 


where:  K  Varies  from  0  to  1.0 
H 


Kw  Varies  from  0  to  .035 
M 


R  =  .10;  .05;  .03;  .02;  .01;  .0025 
t  =  10  Sec. 


The  over-all  pitch  stabilization  system  gain  is  the  product  of  the  gains  of 
the  individual  components. 


Pitch  System  Over -all  Gain 


Holding  Mode:  Gain 


/  400  mv  \  /  8.75  deg  X  / .  666  ma  X 
\  deg.  /Sec  /  \  8  ma  )  \  mv  j 


x  (.  93)  (.  58)  K  R 
H 


/  158°  \ 

\  deg/Sec / 


khb 
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Maneuvering  Mode:  Gain 


/  158  deg  \ 

\  deg/Sec  J  M 

The  primary  stabilization  system  leaves  open  to  the  pilot  the  capability  of 

setting  R,  K„  and  K  . 

H  M 

R  is  set  at  any  of  the  six  possible  settings  from  .  10  to  .  0025  (positions  6 
to  1  respectively),  while  Kjj  and  vary  as  shown  in  the  figure  of  the 
previous  section. 

The  maximum  gain  in  holding  mode  (pot  set  at  position  10)  is  R  x  158 
deg/deg/sec. 

The  maximum  gain  in  maneuvering  mode  (pot  set  at  position  10)  has  been 
arbitrarily  set  at  .  035  x  158  deg/deg/sec.  or  5.52  deg/deg/sec. 

The  two  modes  of  the  auto  pilot/aircraft  system  (maneuvering  and  hold¬ 
ing)  are  studied  separately  below  for  the  hovering  conditions  shown  in 
Table  1. 

3.2.1  Holding  Mode 

In  holding  mode,  there  are  two  variables  open  to  the  pilot;  the  over-all 
gain  of  the  stability  augmentation  system  and  R,  which  is  effectively  the 
ratio  of  rate  to  position  gain. 

For  each  of  the  possible  values  of  R,  separate  root  locus  plots  must  be 
drawn  showing  the  path  of  travel  of  the  roots  as  the  gain  varies  from 
zero  toward  infinity. 

Since  the  characteristic  equations  of  the  airframe  in  pitch  and  roll  exhibit 
similar  form  however,  the  root  locus  plots  in  pitch  and  roll  are  also  of 
similar  form. 

At  high  gains  the  plots  are  in  fact  identical.  Therefore,  the  root  locus 
study  of  the  pitch  system  at  high  gains  made  use  of  the  same  root  locus 
plots  drawn  for  roll,  and  new  plots  were  only  drawn  for  the  pitch  system 
at  values  of  R  of  .10  and  .  05,  the  plots  in  which  the  low  gain  region  is  of 
interest. 

Figures  155  and  156  then  show  root  locus  plots  of  the  system  in  pitch  at 
values  of  R  of  .10  and  .05  respectively. 
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Figure  155  Pitch  System  Hover  Holding  Root  Locus, 


Figure  156  Pitch  System  Hover  Holding  Root  Locus, 


The  numbered  positions  on  these  plots  are  points  at  which  specific  gains 
were  computed. 

For  values  of  R  below  .05,  gains  were  computed  for  the  pitch  system 
corresponding  to  the  numbered  positions  on  the  corresponding  root  locus 
plot  shown  in  the  roll  root  locus  study. 

As  in  the  roll  study,  since  the  airframe  cannot  be  stabilized  in  pitch  at 
an  R  of  .  0025,  gains  were  not  computed  for  this  value  of  R. 

The  dominant  mode  in  pitch  is  the  second  order.  The  effect  of  the  sta¬ 
bility  augmentation  system  on  this  mode  is  summarized  in  the  figures 
and  Table  4. 

Figure  157  shows  also  the  acceptable  regions  for  location  of  the  dominant 
2nd  order  according  to  References  3  and  10. 

To  determine  whether  or  not  the  simulation  agreed  with  the  root  locus 
results,  the  gain  at  which  the  system  becomes  unstable  for  a  value  of  R 
o'  .10  was  determined  from  both  simulation  and  the  corresponding  root 
locus.  Reference  to  Table  4  will  show  that  the  results  from  both  sources 
agreed  closely. 

3.2.2  Maneuver  Mode 


In  maneuvering  mode,  rate  feedback  alone  is  used  to  augment  the  stability 
of  the  aircraft.  The  root  locus  plots  showing  the  effect  of  the  stability 
augmentation  system  on  the  aircraft  in  maneuvering  mode  at  hover  is 
shown  in  Figure  158  for  low  gain  values.  At  high  gain  values,  the  maneu¬ 
vering  mode  root  locus  is  identical  to  the  locus  drawn  for  the  roll  study, 
(Figure  159). 

Subsequent  simulator  work  showed  a  definite  pilot  preference  for  rate 
damping  alone  in  the  pitch  axis.  The  system  was  modified  by  permanently 
shorting  the  pitch  holding  capacitor,  which  then  resulted  in  the  pitch  sys¬ 
tem  being  in  the  maneuvering  mode  at  all  times.  The  pitch  stick  switches 
remained  operative,  which  allowed  a  different  damping  value  to  be  se¬ 
lected  for  the  stick-centered  and  stick-displaced  conditions.  Figure  159 
thus  is  representative  of  the  pitch  "holding"  mode  with  shorted  capacitors. 

3.2.3  Nose  Fan  Thrust  Reverser  Door  Resonance 

The  effect  of  door  resonance  on  the  pitch  system  with  and  without  the 
notch  filter  was  also  investigated  by  root  locus  means. 


ROLL  LOCUS  PITCH  LOCUS  ROLL  LOCUS  PITCH  LOCUS 


TABLE  4 


EFFECT  OF  SAS  (HOLDING  MODE)  ON  DOMINANT  2ND  ORDER 


POINT 

RATIO 

(R) 

MAX.  NET  SA 
FEEDBACK 

DAMPING 

FREQ. 

<“N> 

GAIN** 

(kh) 

POT  SET 

1 

.10 

15.8  #/°/sec 

.30 

.80 

.017 

1.6 

2 

.60 

1.02 

.024 

1.9 

3 

.85 

1.48 

.049 

2.8 

4 

.95 

1.68 

.061 

3.5 

5 

1.75 

.068 

3.7 

5 

8.0 

.073 

3.8 

6 

.50 

10.0 

.143 

5.3  ; 

7 

.10 

15.5 

.368 

6.5 

8 

.1 

0 

15. 

8 

0 

18.5 

.509 

7.2* 

.05 

7. 

9 

.05 

.90 

.029 

2.1 

.20 

1.02 

.048 

2.9 

^9 

.40 

1.42 

.107 

5.1 

m 

.55 

1.95 

.270 

5.9 

5 

.75 

3.55 

.316 

6.2 

6 

.85 

6.25 

.396 

6.7 

7 

.0 

5 

7. 

9 

.75 

7.60 

.451 

6.9 

.03 

4. 

74 

.40 

2.0 

.264 

5.9  i 

.56 

4.8 

.955 

9.7 

.54 

7.8 

1.48 

— 

4 

.40 

10.4 

2.02 

— 

5 

.0 

3 

4. 

74 

.20 

14.7 

3.59  i 

— 

“Stability  limit  (simulation  yields  7) 
““x  100  yields  %  of  maximum  capability 


— Out  of  range  (Max  is  10. 0  or  1. 00  on  gain. 
Airframe  Gain  B  3. 2  rad/sec2/rad) 


TABLE  4  (Cont) 


EFFECT  OF  SAS  (HOLDING  MODE)  ON  DOMINANT  2ND  ORDER 


The  first  estimate  was  that  the  second  order  portion  of  the  servo  (includ¬ 
ing  the  door  linkages,  door  masses  and  spring  constants)  response  would 
be  a  critically  damped  mode  at  30  cycles /second.  This  estimate  as¬ 
sumed  that  the  door  linkage  was  fairly  rigid. 

As  tested  later  on  the  simulator  hardware,  however,  the  door /linkage/ 
servo  response  had  a  second  order  mode  at  10  cps  and  a  damping  ratio 
of  .  05. 

The  change  in  characteristic  of  this  second  order  effect  was  due  to  the 
flexibility  of  the  door  linkage.  This  effect  was  labeled  door  resonance. 

Figures  160  and  161  are  plots  of  the  system  with  and  without  the  notch 
and  with  door  resonance  at  a  nominal  value  of  10  cps  and  .  05  damping. 

The  value  of  gain  at  which  the  system's  dominant  second  order  mode  be¬ 
comes  unstable  is  computed  for  each  door  resonance  case  below. 


*1 
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J&.tc, 


CASE 

MAX  SA  FEEDBACK 
CAPABILITY 

WN 

1 

GAIN** 

POT  SET 

No  Notch  and 

Resonance 

27.2  deg/dog/sec 

32.0 

0 

0.437 

6.8 

Notch  and 
Resonance 

15.8  deg  /deg/sec 

18.5 

0 

0.505 

7.3 

NOTES:  1.  Nose  fan  thrust  reverser  door  control  effectiveness  =  48,000 
Ft.  Lbs.  /Rad. 

2.  **x  100  Yields  %  of  max.  feedback  capability 

3.  R  =  .10,  holding  mode 


Comparison  of  the  product  of  percentage  gain  and  maximum  gain  capabil¬ 
ity  in  each  case  with  the  same  product  from  Table  4  of  this  section  shows 
that  with  the  notch,  door  resonance  has  little  effect  on  the  system  rigid 
body  modes,  while  without  the  notch,  door  resonance  considerably  lowers 
the  gain  at  which  the  first  rigid  body  mode  (the  dominant  second  order) 
goes  unstable. 


REQUIRED  FEEDB  ACK  FOR  INSTABILITY 
CASE  OF  DOMINANT  SECOND  ORDER 


Notch  and  No  8.1  deg/deg/sec 

Resonance 

Resonance  and  11.9  deg/ deg/ sec 

No  Notch 

Resonance  and  Notch  7.9  deg/deg/sec 

No  Resonance  19.9  deg/deg/sec 

and  No  Notch 

3.2.4  Addition  of  Nose  Fan  Reverser  Door  Dampers 

During  the  ground  tests  of  the  engines  and  fans,  the  reverser  doors  on  the 
nose  fan  exhibited  large  vibrations  at  or  near  the  door  resonance  fre¬ 
quency  due  to  excitation  resulting  from  nose  fan  slipstream  turbulence. 

The  decision  was  made  to  add  a  damper  to  the  nose  fan  doors  to  damp  the 
door  resonance  mode. 


Frequency  response  tests  of  the  nose  fan  doors  after  the  damper  was  in¬ 
stalled  showed  a  door  resonance  second  order  mode  of  approximately 
11.5  cps  and  a  damping  ratio  of  0.2. 

This  frequency  and  damping  for  the  door  second  order  response  was  not 
sufficiently  changed  to  justify  a  new  study  of  resonance  effects.  Conclu¬ 
sions  drawn  from  the  study  without  the  damper  are  valid. 


3.3  FLIGHT  SIMULATOR  HOVER  STUDIES 

A  study  of  the  handling  qualities  of  the  XV-5A  in  hover  was  conducted  on 
the  simulator. 

The  purpose  of  the  study  was  to  expose  the  test  pilots  to  the  entire  range 
of  handling  qualities  that  the  aircraft  could  exhibit  with  various  settings  of 
the  stability  augmentation  system . 

Each  "configuration"  of  the  aircraft  (a  selected  set  of  gains  for  the  auto¬ 
pilot),  presented  to  the  pilot,  was  flown  through  a  given  task  and  then 
rated  by  the  pilot. 

The  entire  spectrum  of  possible  hover  configurations  from  zero  stability 
augmentation  gain  to  maximum  allowable  stability  augmentation  gain  was 
studied  and  "best"  stability  augmentation  system  settings  were  chosen. 

A  summary  of  this  study  is  presented  below . 

3.3.1  Test  Method 

A  comprehensive  study  of  the  system  required  variation  of  all  nine 
settings  of  the  SA  system:  holding  gain,  maneuvering  gain  and  ratio,  in 
yaw,  pitch  and  roll;  variation  in  moments  of  inertia  about  all  three  axes, 
variation  in  c .  g.  position,  and  variations  in  steady  state  and  gusty  wind 
conditions. 

In  order  to  make  the  study  more  practical,  the  following  assumptions 
were  made: 

1 .  Within  the  range  of  variations  of  acceptable  yaw  axis  dynamics, 
changes  in  yaw  stability  augmentation  settings  would  have  little 
or  no  effect  on  the  pilot  rating  of  the  pitch  and  roll  axes. 

2.  Variations  in  the  moments  of  inertia  are  small  enough  so  that  a 
set  of  gains  optimized  for  a  midrange  set  of  moment  of  inertia 
values  will  be  negligibly  displaced  from  the  optimum  set  for  any 
other  set  of  moment  of  inertia  values . 

3.  So  long  as  longitudinal  trim  is  used  to  trim  the  stick  in  pitch  be¬ 
fore  each  test,  c.  g.  changes  will  make  no  difference  in  pilot 
ratings. 
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4.  An  RMS  wind  variation  equal  in  magnitude  to  1/2  the  steady  state 
wind  chosen  for  any  test  would  represent  a  realistic  wind  variation 
scaling  no  matter  what  steady  state  wind  were  chosen. 

5.  A  ~et  of  gains  optimized  for  the  worst  wind  condition  expected 
during  test  operation  of  the  vehicle  would  be  acceptable  at  all 
other  wind  conditions. 

With  these  assumptions  in  mind,  the  number  of  variables  can  be  reduced 

to  six,  i.e.,  the  stability  augmentation  settings  in  pitch  and  roll. 

The  aircraft  configuration  used  for  the  tests  is  summarized  in  Table  5. 


TABLE  5 


W  9200  Lbs. 

Yaw  Holding 

3.5 

c.g.  243 

Yaw  Maneuver 

3.5 

I  4252  Slug/Ft2 

X 

Yaw  Ratio 

5 

I  15139  Slug/Ft2 

y 

Wind  Steady  State 

20  Feet/Sec 

Iz  17418  Slug/Ft2 

RMS  Gust 

10  Feet/Sec 

3.3.2  Rating  System 


The  Cooper  rating  scale  was  employed  by  the  simulator  pilots  to  give  a 
quantitative  measure  of  the  acceptability  of  the  aircraft  in  each  gain 
configuration. 

The  only  problem  encountered  in  the  use  of  the  system  was  a  tendency 
for  the  pilots  to  "squeeze  the  scale",  using  only  numbers  from  3  to  6,  on 
the  one  hand  seeming  to  feel  that  no  configuration  was  good  enough  to 
rate  a  rating  of  1  or  2,  and  on  the  other  hand,  that  no  configuration  was 
impossible  to  fly. 

Shown  in  Table  6  is  a  copy  of  the  Cooper  Rating  System  as  used  in  the 
test. 


TABLE  6 


Adjective  Numerical 
Rating  Rating 


Description 


H  2  Satisfactory  1.  Excellent,  includes  optimum 
1  S  2.  Good,  pleasant  to  fly 


n  ^ 

O  _ 

Unsatis- 
B  §  factory 

w  E 

szs 

w  w 
S  0< 
w  O 


3 .  Satisfactory,  but  with  mildly 
unpleasant  characteristics 

4.  Acceptable  but  with  unpleasant 
characteristics 

5.  Unacceptable  for  normal 
operation 

6.  Acceptable  for  emergency 
operation  on]y 


Unaccept-  7.  Unacceptable  even  for  emergency 
able  condition 

8.  Unacceptable  -  dangerous 

9.  Unacceptable  -  uncontrollable 


w - 

p« 

O  Unprint¬ 
able 


Primary  Mission 
Accomplished 

Can  Be 
Landed 

Yes 

Yes 

Yes 

Yes 

Yes 

Yes 

Yes 

Yes 

Doubt 

Yes 

Doubt 

Yes 

No 

Doubt 

No 

No 

No 

No 

No 

No 

10.  Scratch  aircraft 


COOPER  RATING  SCALE 


3.3.3  Assigned  Pilot  Mission 


< 

Each  flight  was  flown  through  the  same  assigned  mission  which  was: 

1.  Lift  off  a  landing  pad  and  climb  to  an  altitude  of  approximately 
80  feet. 

2.  Translate  to  a  second  landing  pad  approximately  420  feet  away. 

3.  Hover  over  this  second  pad  for  approximately  1  minute. 

4.  Land  on  this  second  pad. 

The  entire  maneuver  was  carried  out  in  a  gusty  wind  of  20  feet/second 
steady  state  and  10  feet/second  RMS  variation,  with  a  spectrum  defined 
in  Appendix  3. 

The  direction  of  the  wind  relative  to  the  aircraft  was  as  shown  below. 

The  pilot  was  instructed  to  keep  the  aircraft  pointed  toward  the  second 
landing  pad  throughout  the  flight. 


Upon  completion  of  the  mission,  the 
pilot  was  asked  to  evaluate  the  ease 
or  difficulty  of  handling  the  aircraft 
in  roll  and  pitch  (by  the  Cooper  rat¬ 
ing  system)  and  then  give  an  over¬ 
all  rating  to  the  system. 

The  entire  process  of  aircraft  con¬ 
figuration  setup,  flight  of  the  aircraft 
through  the  assigned  mission,  and 
evaluation  of  the  aircraft,  took  about 
3 . 5  minutes  /cycle . 


-#»WIND 


3.3.4  Testing  Scheme 


The  method  by  which  the  effects  of  test  variable  change  on  the  aircraft 
were  evaluated  is  known  as  the  Greco-Latin  Squares  testing  method. 

Traditional  methods  of  testing  a  system  dependent  on  several  variables 
are  built  around  the  idea  of  changing  one  variable  at  a  time  while  holding 
all  the  others  constant.  The  Greco-Latin  Square  testing  method,  REF.  7, 
(referred  to  as  the  GLS  testing  method)  holds  only  one  variable  constant 
between  successive  tests  while  changing  all  the  others.  This  scheme 
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affords  considerable  economy  in  the  number  of  tests  required  to  evaluate 
a  complex  system. 

As  an  output,  the  GLS  testing  method  provides  a  second  order  curve  fit 
in  the  input  variables  to  the  output  variable. 

Use  of  the  GLS  testing  methods  requires  that  a  series  of  tests  be  set  up 
in  which  the  input  variables  vary  as  shown  in  the  square  of  Table  7. 

Squares  of  different  sizes  can  be  used;  the  size  determining  the  maximum 
number  of  input  variables  and,  of  course,  the  minimum  number  of  tests 
required. 

Each  input  variable  is  required  to  assume  "g"  levels,  where  "g"  is  the 
size  of  the  square. 

3.3.5  Test  Set-Up 

The  six  input  variables  for  the  hover  study  were  the  roll  and  pitch,  hold¬ 
ing  gains,  maneuvering  gains,  and  ratios . 

The  possible  range  of  variation  of  each  was  divided  into  4  equal  segments, 
giving  5  test  levels  for  each  test  variable  as  set  up  on  the  cockpit  panel 
gain  controls  of  the  stability  augmentation  system. 

The  test  levels  chosen  for  the  study  are  given  in  Table  8. 

Arranging  these  levels  as  called  out  in  Table  7  results  in  Table  9,  which 
denotes  the  SA  settings  for  each  of  the  25  test  conditions. 

In  order  to  make  certain  the  pilot  did  not  develop  any  prejudice  toward 
particular  SA  settings  during  the  test,  all  settings  were  made  by  simu¬ 
lator  personnel  and  concealed  from  the  pilot. 

3.3.6  Test  Results 

Shown  in  Table  10  are  the  Cooper  ratings  assigned  by  the  pilot  to  the 
aircraft  for  each  of  the  25  conditions  flown.  In  addition  to  the  Cooper 
ratings,  complete  flight  records  including  ground  track  were  taken  for 
each  flight. 
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TABLE  7 


r 


5X5  SYMMETRIC  SQUARE 


CODE 


3.3.7  Reduction  of  Test  Results 

Two  significant  results  can  be  derived  from  the  tests.  These  are: 

A.  A  "most  acceptable"  aircraft/SA  system  can  be  determined. 

B.  Correlations  between  pilot  rating  and  chosen  performance  indices 
such  as  x  and  y  deviations  from  the  landing  pad  during  hover  over 
a  spot  can  be  determined. 
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TABLE  8 


TEST  LEVELS  OF  INPUT  VARIABLES 


LEVEL 

-2 

-1 

0 

1 

2 

VARIABLE 

rr 

2 

3 

4 

5 

6 

hr 

2 

3 

4 

5 

6 

Mr 

2 

3 

4 

5 

6 

Rp 

2 

3 

4 

5 

6 

Hp 

2 

3 

4 

5 

6 

Mp 

1 

3 

5 

7 

9 

3.3.8  Method  of  Reduction 


The  results  of  the  tests  were  reduced  by  a  digital  computer  program 
which  provides  the  coefficients  (F)  of  the  following  equation.  The  input 
variables  for  this  test  have  been  substituted  into  the  equation: 


Q  =  F  +  F  M  +  F  M  +  F  H  +  F  R  +  F  R 

A  U  *  X  «  4  *  u  xi 


(1) 


+  FHn  +  F, ,H_2  +  F  R  2  +  F00R_2  +  F.  H  2 
4  R  11  P  22  P  33  R  44  R 


+  F  HR  +  F  H_R_  +  F,  H_H  +  FRRn 
12  P  P  13  P  R  14  P  R  23  PR 


TABLE  10 

OUTPUT  -  TEST  FOR  BEST  SA  GAINS 


COOPER  RATING 

TEST 

NO. 

OVER-ALL 

ROLL  AXIS 

PITCH  AXIS 

Roll  Maneuver  Gain  Setting 
Pitch  Maneuver  Gain  Setting 
Roll  Holding  Gain  Setting 
Pitch  Holding  Gain  Setting 


* 


Rp  =  Roll  Ratio  Setting 
Rp  =  Pitch  Ratio  Setting 

Q  =  The  desired  output  variable,  in  this  case,  Cooper  rating. 

As  can  be  seen,  the  equation  shown  above  does  not  provide  a  second 
order  fit  in  terms  of  all  six  variables.  The  two  variables  which  are 
assumed  to  have  nearest  to  a  linear  effect  on  the  output  variable  are  fit 
to  the  first  degree  only.  In  our  case,  the  maneuvering  gains  in  the  pitch 
and  roll  axes  were  chosen  for  the  first  degree  fits. 

3.3.9  Determination  of  Best  Stability  Augmentation  System  Settings 

The  test  results  as  reduced  by  the  computer  program  are  shown  in  Table 
10.  This  Table  gives  the  coefficients  fitting  the  pilot  rating  of  the  air¬ 
craft  (see  equation  (1)  above). 

To  minimize  the  pilot  rating  ("best"  performance  corresponding  to  a 
minimum  PR)  the  derivatives  of  equation  (1)  with  respect  to  each  of  the 
SA  gains  was  taken.  Since  the  curve  fit  is  linear  in  Mr  and  Mp,  there 
are  no  cross  coupling  terms  involving  these  variables  and  minimization 
of  the  equation  with  respect  to  these  two  variables  can  be  done  indend- 
ently  of  the  minimization  with  respect  to  the  holding  made  variables, 

Hp,  Hp,  Rp  and  Rp. 

The  equations  resulting  from  the  above  differentiations  are: 


8  Q 
8H 


F+2FH+FR+FR+F  H 
1  11  P  12  P  13  R  14  R 


(2) 


8  Q 


F„  +  F.„  H_  +  2F _ R_  +  F _ R_  +  F0,  H_ 

R  24  R 


8R  2  12  P  22  P  23 


(3) 


8  Q 


8 


"a 


VF13HP+F23RP  +  2F33RR+F34HR 


(4) 


8  Q 

-  =  F  +  F  H+F  R+F  R  +  2F  H 

0H  *4  14  P  24  P  34  R  44  R 


(5) 
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Setting  these  equations  to  zero  and  substituting  the  values  of  the  coeffi¬ 
cients  called  out  in  Table  10,  we  obtain  the  following  matrix,  the  solution 
of  which  yields  the  values  of  the  holding  variables  Hr,  Hp,  Rr  and  Rp, 
which  correspond  to  a  minimum  pilot  rating  (since  the  second  order 
coefficients  are  all  positive). 


<H  ) 

P 

<V 

<hr> 

<hr> 

.088 

.033 

.0431 

.0076 

.734 

.033 

.178 

.0076 

-.047 

= 

.524 

.043 

.0076 

.0070 

.063 

.564 

.0076 

-.047 

.0031 

.  148 

.804 

The  solution  of  the  matrix  yields: 

HR  =  5.04 

Rr  =  3.84 

Rp  =  4.61 

H  =  4.30 
P 

The  nearest  realizable  values  for  the  ratios  are  positions  4  and  5, 
respectively. 

Reference  to  Figure  143  of  the  roll  root  locus  study  and  Figure  166  of 
the  pitch  root  locus  study  in  hover  shows  that  the  pilots  preferred  roll 
and  pitch  dynamic  characteristics  which  placed  the  dominant  second 
order  mode  midway  between  the  acceptable  regions  for  location  of  this 
mode  as  defined  in  References  3  and  10. 

Since  the  signs  of  the  coefficients  of  the  maneuvering  gains  are  both 

negative,  the  optimum  setting  for  both  these  gains  is  the  highest  possible 

(within  the  investigated  gain  range) .  These  gains  then  should  be  set  at 

h*  =  9  and  M_  =  6. 

P  R 

The  pilot  rating  corresponding  to  these  best  gains  then  is  determined  by 
inserting  the  following  gain  values  into  equation  (1): 
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BEST  SA  SYSTEM  GAINS 


“r  ■  4  Rp  ■  5 

H_  =  5  H  =  4.3 

H  P 

M_  =  6  M_  =  9 

R  P 

The  pilot  rating  corresponding  to  these  gain  values  is  2.32. 

3.3. 10  Correlations  Between  Pilot  Ratings  and  Other 
Performance  Indices 

Since  rather  extensive  flight  records  were  kept,  comparisons  between 
pilot  rating  and  other  indices  of  performance  could  be  made.  Several 
comparisons  were  attempted  and  are  shown  below.  Each  involved 
generating  a  least  squares  linear  fit  to  the  data. 

3.3.11  Comparison  of  Pilot  Rating  and  Maximum  Straight 
Line  Deviation 

One  possible  index  of  performance  was  the  accuracy  with  which  the  pilot 
was  able  to  fly  the  assigned  flight  path  from  his  initial  to  his  final  hover 
positions.  This  path  was  a  straight  line,  and  deviations  from  it  were 
measured  from  the  ground  track  record  of  each  flight.  These  deviations 
are  given  in  inches  in  Column  2  of  Table  11.  The  scale  factor  was  1 
inch  =  150  feet. 

Solving  the  following  equations 

n  Kq  +  KjZx  =  Zy  (7) 

Kq  2x  +  Kj  2x2  =  Zay  (8) 


where: 


n  is  the  number  of  tests 
x  is  the  pilot  rating 


y  is  the  deviation 


(9) 


will  yield  the  K  and  K  required  in  the  following  equation, 
ol 

*  -  K„ +  Ki  * 

which  is  the  least  squares  straight  line  fit  to  the  given  data. 

This  fit  is  plotted  in  Figure  162  as  well  as  the  data  points  determined 
from  the  test. 

3.3. 12  Comparison  of  Pilot  Rating  and  Maximum  Hover  Deviation 

Another  possible  index  of  performance  was  the  accuracy  with  which  the 
pilot  could  hover  over  a  spot.  The  maximum  deviation  from  the  final 
hover  position  was  measured  from  the  recorded  ground  track  for  each 
flight.  These  deviations  are  given  in  inches  (where  1  inch  equals  150 
feet)  in  Table  11,  Column  3.  The  least  squares  linear  fit  to  this  data  is 
plotted  in  Figure  162  as  well  as  the  individual  data  points  for  each  test. 

As  can  be  seen,  the  correlation  between  pilot  rating  and  maximum  hover 
deviation  is  not  the  strongest. 

3.3. 13  General  Comments  on  the  Hover  Study 

The  study  of  the  aircraft  in  hover  as  outlined  above  accomplished  its  main 
tasks,  which  were  to  provide  the  pilot  with  a  look  at  the  entire  range  of 
hover  handling  qualities  open  to  him  through  adjustment  of  the  stability 
augmentation  system  gains.  It  measured  his  opinion  of  the  aircraft  at 
each  of  the  gain  combinations  studied  and  through  the  process  sum¬ 
marized  above,  provided  a  "best",  or  most  likeable,  set  of  gains. 

The  study  did  not  however  exhaust  all  its  possibilities .  The  data  taken 
is  open  to  a  much  more  complete  analysis. 

Data  taken  can  be  the  source  of  possible  correlations  between  pilot  rating 
and  dominant  second  order  root  positions,  rotational  rates  and  accelera¬ 
tions,  linear  rates  and  accelerations,  stick  displacements  and  many 
other  possible  substitute  indices  of  pilot  hovering  performance. 

Furthermore,  more  tests  might  be  made  which  would  investigate  more 
thoroughly  the  effects  of  winds,  weight  changes  and  moment  of  inertia 
changes  or  possible  equivalent  effects. 
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General  improvements  in  the  study  could  also  be  made,  such  as  separat¬ 
ing  the  modes  of  the  stability  augmentation  system  so  that  the  aircraft 
could  be  studied  addle  strictly  in  one  mode  or  the  other.  A  better  set 
of  general  results  would  require  that  the  opinions  of  more  than  three 
pilots  be  averaged. 


TABLE  11 


HOVER  R/P  5 


RUN 

ST.  LINE 
DEVIATION 

HOVERING 

DEVIATION 

PR 

1 

.99 

.29 

4 

2 

1.04 

.76 

4 

3 

1.06 

.49 

4.5 

4 

.7 

.65 

5 

5 

1.1 

.51 

4.5 

6 

.95 

.62 

4 

7 

1.05 

.24 

4 

8 

1.11 

.40 

4 

9 

.9 

.62 

4 

10 

1.1 

.2 

4 

11 

.83 

.94 

5 

12 

.85 

.36 

4 

13 

.58 

1.09 

4 

14 

.625 

.49 

3 

15 

.56 

.71 

4 

16 

1.05 

.36 

3 

!  17 

.78 

.50 

3 

18 

.54 

.36 

4 

19 

.51 

.71 

3 

20 

.42 

.78 

3 

21 

.34 

.30 

2 

22 

.38 

.50 

3 

23 

.19 

.56 

3 

24 

.29 

.53 

2.5 

26 

.36 

.37 

2.5 
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3 . 4  FLIGHT  SIMULATOR  TRANSITION  STUDIES 


3.4.1  Purpose  of  Studies 

The  purpose  of  the  transition  study  was  to  answer  the  following  specific 
questions  raised  during  the  predesign  and  design  phases  of  the  program 
and  to  specifically  determine: 

1.  Whether  or  not  the  aircraft  had  sufficient  pitch  control  power  to 
accomplish  transition  at  c. g.  's  compatible  with  the  requirements 
of  conventional  flight. 

2.  Whether  or  not  the  horizontal  stabilizer  fan  mode  automatic  trim 
scheme  was  utilitarian. 

3.  Whether  or  not  roll-yaw  coupling  would  significantly  compromise 
aircraft  handling  with  increasing  vector  angles. 

4.  Whether  or  not  stability  augmentation  would  be  required  during 
transition. 

6.  If  stability  augmentation  was  required,  whether  or  not  the 

stability  augmentation,  as  set  up  for  low-speed  fan-powered 
flight,  would  be  acceptable  for  transition. 

6.  Whether  or  not  the  hardware  systems  were  compatible  with  the 
requirements  of  transition  regime  flight. 

The  investigations  of  these  and  other  problem  areas  that  arose  during  the 
transition  studies  are  discussed  below. 

3.4.2  Initial  Transition  Flights 

Prior  to  Initiation  of  studies  to  answer  the  questions  reviewed  above, 
familiarization  flights  were  made  by  the  pilots  to  determine  whether 
there  were  any  gross  errors  in  the  aircraft  as  simulated,  or  in  the  com¬ 
puter  and  hardware  components  and  simulation  schemes  themselves. 

In  particular,  the  consequences  if  any  of  using  two  sets  of  data  in  the 
simulation  of  aerodynamic  effects  as  well  as  somewhat  artificial  means 
for  switching  from  one  set  of  data  to  the  other  had  been  questioned. 

These  first  flights  showed  that  the  transition  from  low  speed  to  high 
speed  data  was  smooth,  continuous  and  undetectable  by  either  the  pilot  or 
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examination  of  the  recorder  outputs.  At  this  point,  attention  was  turned 
to  the  specific  problem  areas  called  out. 

3.4.3  Pitch  Control  Power 

The  most  significant  aerodynamic  characteristic  of  the  XV-5A  at  low 
speeds  is  the  tendency  to  pitch  up  with  increasing  forward  velocity,  and 
to  roil  out  of  a  sideslip  maneuver. 

Thl*  tendency  is  due  to  an  apparent  fan  center  of  pressure  shift  in  the 
direction  of  the  relative  wind  with  increasing  velocity. 

The  maximum  sideslip  velocity  is  limited  by  this  characteristic  to  be  the 
velocity  at  which  the  fan  induced  moment  becomes  equal  to  the  roll  control 
power  available. 

In  forward  flight  however,  pitch  control  power  is  provided  by  the  hori¬ 
zontal  tail  and  elevator,  as  well  as  the  nose  fan. 

For  this  reason,  the  pitch  control  power  provided  by  the  nose  fan  should 
not  limit  forward  velocity.  The  nose  fan  need  only  be  large  enough  to 
provide  pitch  control  power  until  the  tail  becomes  effective. 

To  achieve  forward  velocity,  however,  the  pilot  must  increase  his  louver 
vector  angle  (or  nose  the  aircraft  down) .  Since  Cm^  8  becomes  more 

positive  with  increasing  vector  angle  (for  vector  angles  below  35°,  and 
the  lower  velocities  of  the  transition  flight  regime),  vectoring  aggravates 
the  pitch  control  power  situation. 

Reviewing  these  facts,  it  is  seen  that  on  the  plus  side  of  the  control 
power  problem,  the  following  pitch  control  power  sources  are  effective: 

1.  A  nose  fan  delivering  an  amount  of  pitch  control  power  that  re¬ 
mains  almost  constant  with  increasing  forward  velocity. 

2 .  A  tail  and  elevator  delivering  an  amount  of  pitch  control  power 
that  increases  with  the  square  of  the  forward  velocity. 

On  the  minus  side  of  the  pitch  control  problem,  the  following  factors 
aggravate  the  situation: 


3. 


The  fan  induced  moment  which  is  proportional  to  forward  velocity. 


4.  The  decreasing  beneficial  negative  main  fan  moment  which  results 
when  the  pilot  vectors  to  increase  forward  velocity,  and  in  doing 
so  rotates  the  fan  lift  vector  out  of  the  z  body  axis  (accounted  for 
in  ACj«  8  as  mentioned  above) . 
p  v 


Factors  1  thru  3  create  the  chief  pitch  control  characteristic  of  the 
XV -5 A  in  transition. 


The  surplus  of  pitch  control  power  available  over  pitch  control  power 
required  varies  with  velocity: 

1.  Decreasing  as  the  aircraft  first  comes  out  of  hover,  the  pitch 
control  power  required  rises  rapidly  due  to  the  strong  but  linear 
variation  in  fan  induced  pitching  moment. 

2.  Reaching  a  minimum  when  the  rate  of  increase  of  tail  effectiveness 
becomes  equal  to  the  rate  of  increase  of  pitching  moment  required 
due  to  the  fan  induced  moment  and, 

3.  Increasing  as  the  velocity  rises  above  this  minimum  surplus  point 
due  to  the  rate  of  increase  in  tail  effectiveness  being  more  rapid 
than  the  rate  of  increase  of  the  required  pitch  control  moment  due 
to  the  increasing  fan  induced  pitching  moment. 

For  every  value  of  forward  velocity,  there  is  a  trimmed  vector  angle  and 
a  pitch  control  power  surplus. 

A  certain  portion  of  this  surplus  must  be  retained  for  the  purpose  of 
stabilizing  the  aircraft  against  outside  disturbances  such  as  gusts. 

The  remaining  surplus  is  available  for  countering  the  adverse  pitching 
moment  effect  of  increasing  louver  vector  angle  above  the  trim  value  to 
accelerate  the  aircraft  (ref.  to  item  4  above)  to  higher  forward  velocities. 

Shown  in  Figure  163  is  the  trim  vector  angle  versus  velocity. 

Shown  in  Figure  164  is  the  maximum  vector  angle  which  can  be  trimmed 
out  in  pitch  versus  velocity. 

The  difference  between  these  two  vector  angles  represents  the  amount 
the  pilot  can  allow  the  vector  angle  to  "lead"  the  trim  vector  angle  at  any 
velocity  in  order  to  develop  the  axial  force  required  to  accelerate  the 
aircraft  to  a  higher  velocity. 
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This  ’’vector  lead”  is  shown  plotted  versus  velocity  in  Figure  165. 

Figures  163,  164  and  165  are  for  the  nose  fan  with  30%  thrust  reversed 
capability  (refer  to  Section  2. 10)  and  allow  no  surplus  control  power  for 
purposes  of  stabilizing  the  aircraft  against  disturbances. 

In  order  to  accomplish  a  constant  altitude  transition  safety,  the  pilot 
must  limit  his  vector  lead  to  values  somewhat  less  than  those  shown  in 
Figure  165. 

This  vector  lead  limitation  determines  the  maximum  axial  acceleration 
the  aircraft  can  achieve  at  each  velocity  for  a  constant  altitude  transi¬ 
tion.  This  maximum  acceleration,  as  a  function  of  velocity,  determines 
the  minimum  time  in  which  a  constant  altitude  transition  can  be 
accomplished. 

If  the  pilot  wishes  to  accomplish  transition  in  less  than  this  minimum 
time,  altitude  must  be  sacrificed  to  achieve  the  acceleration  required  to 
keep  the  velocity  above  the  minimum  needed  to  accomplish  trim  at  the 
concurrent  vector  angle.  The  vector  lead  still  cannot  be  exceeded,  but 
with  the  added  acceleration  the  velocity,  and  hence  trim  vector  angle, 
builds  up  more  rapidly,  and  actual  vector  can  therefore  be  increased 
more  rapidly. 

Shown  in  Figure  166  are  two  transition  vector  angle- velocity  plots,  the 
one  requiring  the  most  time  being  the  constant  altitude  transition. 

All  figures  shown  are  for  a  30%  thrust  reversal  nose  fan  configuration. 
With  the  20%  thrust  reversal  nose  fan  configuration  originally  simulated, 
constant  altitude  transitions  could  not  be  accomplished  over  the  entire 
range  of  c.g.  positions  required  for  conventional  flight. 

For  a  summary  of  the  vectoring  method  for  flight  through  transition, 
refer  to  Section  3.6. 

3.4.4  Tail  Trim 

At  the  outset  of  the  transition  studies,  the  aircraft  had  an  automatic 
pitch  trim  provision.  When  the  stick  was  displaced  longitudinally  outside 
a  set  of  switches  located  on  either  side  of  the  longitudinal  stick  center 
position,  the  horizontal  stabilizer  actuator  was  activated  to  drive  the 
stabilizer  in  such  a  direction  as  to  move  the  longitudinal  stick  trim  posi¬ 
tion  back  toward  center  stick. 
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Figure  166  Vector  Angle  and  Velocity  Relationships  During  Transitions 


The  pilots  found  this  system  rather  difficult  to  fly  at  the  velocities 
associated  with  vector  angles  above  20  degrees.  At  these  velocities,  the 
stabilizer  encounters  sufficient  dynamic  pressure  to  become  effective, 
and  operating  at  a  rate  of  4  degrees  per  second,  it  is  too  powerful  and 
too  slow  to  be  useful  as  a  short  term  control  device,  and  too  fast  to 
function  as  a  long  period  control. 

Due  to  the  immense  amount  of  pitch  control  available  from  the  horizontal 
stabilizer  and  its  mismatched  response  rate,  the  pilots  found  themselves 
continuously  fighting  the  system. 

To  alleviate  this  problem  the  system  was  modified  to  program  the  tail 
to  full-up  below  40°  vector  angle,  stabilizer  trim  being  accomplished 
above  this  point  only  by  pilot  actuation  of  the  stick  grip  trim  switch 
provided.  Furthermore,  the  stabilizer  actuation  rate  was  reduced  to 
2.8  degrees /second.  This  system  was  flown  by  the  pilots  and  found  to 
be  very  satisfactory. 

3.4.5  Hardware 

All  hardware  functioned  as  expected.  In  particular,  the  higher  louver 
vector  actuator  rate  of  50°  /15  seconds  required  by  the  actuator  vendor 
proved  satisfactory. 

3.4.6  Stick  Forces 


In  hover  the  XV-5A  uses  mechanical  springs  to  provide  cockpit  control 
centering  and  feel  for  the  stick  and  rudder  pedals.  These  spring  forces 
are  phased  out  with  increasing  vector  angle  as  the  increasing  velocities 
associated  with  higher  vector  angles  generate  enough  dynamic  pressure 
so  that  aerodynamic  hinge  moments  provide  stick  forces. 

The  pilots  requested  that  the  longitudinal  stick  trim  capability  band  be 
increased  so  that  no  force  would  be  required  to  trim  the  vehicle  in  pitch 
at  the  most  forward  stick  position  required  during  transition. 

To  accomplish  this,  the  pitch  trim  authority  was  changed  until  the  air¬ 
craft  could  be  trimmed  in  pitch  hands  off  at  30*  louver  vector  angle. 
This  requirement  and  the  hover  spring  gradient  requirement  set  the 
spring  gradient  at  all  vector  angles.  The  pitoh  spring  gradient  does  not 
go  to  zero  at  40  degrees  vector,  but  the  force  gradient  level  at  this  point 
does  not  objectionably  increase  total  stick  force.  At  p  v  =  40*,  the  stick 
grip  trim  button  no  longer  actuates  the  spring  package  trim,  but,  as 
discussed  previously,  commands  the  horizontal  tail. 


3.4.7  Cross  Coupling 


Cross  coupling  of  yaw  control  inputs  into  the  roll  axis,  or  roll  control 
inputs  into  the  yaw  axis  was  not  objectionable  at  any  vector  angle  with  or 
without  stability  augmentation. 

3.4.8  Stability  Augmentation 


Stability  augmentation  turned  out  to  be  unnecessary  above  about  40  knots 
indicated  airspeed. 

Further,  above  60  knots  I.A.S.,  yaw  position  feedback,  acting  through 
roll/yaw  coupling,  stabilized  the  aircraft  so  completely  in  roll  that  the 
roll  control  available  from  the  fans  was  not  sufficient  for  maneuvering 
unless  the  yaw  mode  was  in  "maneuver. " 

Also,  at  velocities  above  those  corresponding  to  vector  angles  of  45°  a 
yaw /roll  oscillation  appeared  at  the  stability  augmentation  settings 
determined  to  be  optimum  for  hover. 

To  correct  these  characteristics,  the  yaw  stability  augmentation  system 
was  converted  to  a  rate  damping  system.  This  was  done  by  permanently 
shorting  the  capacitor  in  the  amplifier  input  shaping  network. 

The  effect  of  cutting  out  this  capacitor  is  to  remove  the  yaw  channel 
"position  memory".  When  inside  the  yaw  pedal  holding  mode  cutout 
switches,  the  system  provides  a  maximum  yaw  rate  feedback  which  is 
R/.03  times  the  maximum  yaw  rate  feedback  in  maneuvering  mode.  Thus, 
two  levels  of  rate  gain  can  be  chosen  for  feedback,  through  the  yaw 
stability  augmentation  channel;  a  lower  value  for  maneuvering  and  a  higher 
value  to  keep  the  aircraft  from  developing  large  yaw  rates  when  the  rudder 
pedals  are  centered  and  the  system  is  in  holding  mode.  This  modification 
was  also  incorporated  into  the  SA  pitch  system .  Since  the  pilot  is  con¬ 
tinuously  applying  pitch  control  during  transition,  it  was  felt  that  the 
"holding"  feature  would  not  prove  efficacious.  The  pitch  axis  has  a  large 
inertia,  and  is  therefore  less  :i  fleeted  than  the  roll  axis  by  external 
disturbances,  which  makes  the  position  reference  strictly  a  pilot  option. 

This  system  was  re-evaluated  in  hover  by  the  pilots  and  found  to  be  com¬ 
pletely  satisfactory. 

In  transition  flight  the  new  system  was  also  determined  to  be  satisfactory. 
Not  only  was  the  roll  control  power  restored  to  a  reasonable  level  at  all 
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velocities  and  vector  angles,  but  the  yaw/roll  oscillation  noted  atfi  =45° 
disappeared,  and  pitch  control  was  no  problem. 

3.4.9  Auxiliary  Services 


As  part  of  the  study  made  of  the  transition  region,  the  following  auxiliary 
services  were  performed  by  the  flight  simulation  facility. 

1.  Aerodynamics  and  Performance: 

Checks  of  aircraft  performance  included  determination  of  lift  and 
drag  totals  for  trimmed  flight  throughout  the  transition  region, 
maximum  lift  attainable  through  the  transition  region,  trimmed 
pitch  stick  positions,  minimum  single-engine  sink  rate  in  fan- 
powered  flight  at  various  vector  angles,  and  checks  of  control 
power  at  various  forward  velocities. 

Runs  were  also  made  to  determine  aerodynamic  damping  and  air¬ 
craft  longitudinal  natural  frequencies  through  the  transition  flight 
regime. 

2.  Reliability: 

A  rather  comprehensive  in-flight  failure  analysis  study  was  run 
on  the  simulator.  A  summary  of  how  this  study  was  mechanized 
is  presented  in  Section  3.7. 

3.  Flight  Test: 

All  portions  of  the  flight  test  program  which  could  be  flown  on  the 
flight  simulator  were  run.  Shown  below  is  a  summary  of  the  runs 
made.  The  summary  includes  runs  made  for  hovering  flight. 

The  planned  flight  test  program  for  the  aircraft  is  presented  in 
Reference  11. 


RUN 

NO. 

TEST  CONDITION 

AND  PROCEDURE 

TEST  PURPOSE 

REF. 

129 

1 

Hover  trim  fi  v  =  0,  Mid- 

Hover  capability  and 

2HB  and  2HC 

collective,  constant  engine 
RPM.  Use  collective  lift 
for  altitude  control,  evaluate 
autostab  ability  to  maintain 
attitude. 

attitude  hold  checks 

p.33,  34 

3 

Hover  over  a  fixed  refer¬ 
ence,  yaw  L&R  to  pre¬ 
determined  headings  to 
evaluate  directional  con¬ 
trol.  Note  any  pitch  or 
roll  coupling;  fan  RPM 
change,  etc. 

If 

ft 

4 

Check  autostab  yaw  hold 
by  centering  rudder  pedals 
at  a  steady  yawing 
velocity. 

ti 

it 

8 

Hovering  flight,  constant 

Effectiveness  of  using 

2HB  and  2HC 

RPM,  make  a  series  of 
small  altitude  changes  and 
hold  new  altitude  using 
collective  lift  only. 

collective  lift  stick 
and/or  fan  RPM  for 
altitude  control 

p.37,  38 

9 

Hovering  flight,  mid¬ 
collective,  make  a  series 
of  small  altitude  changes 
and  hold  new  altitude  using 
throttle  control  only. 

tl 

•• 

10 

Hovering  flight,  make  a 
series  of  small  altitude 
changes  and  hold  new 
altitude,  using  combined 
collective  and  throttle 
control. 

ii 

ii 
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HUN 

NO. 

TEST  CONDITION 

AND  PROCEDURE 

TEST  PURPOSE 

REF. 

129 

11 

Hover,  mid -collective, 
lateral  stick  inputs 

Altitude  oontrol,  lateral 
oontrol  at  extreme  lift 
stick  limits 

2IIB  and  2HC 
p  39,  40 

12 

Hover,  low  collective, 
lateral  stick  inputs 

it 

ii 

13 

Hover,  full  collective, 
lateral  stick  Inputs 

ii 

it 

14 

Constant  Heading  Square 

Hover  maneuvering 
characteristics 

2HB  and  2UC 
p  41,  42 

10 

Constant  radius  circle, 

A/C  aimed  at  center 

Hoever  maneuvering 
characteristics 

2HB  and  2HC 
p41,  42 

16 

Pirouettes 

it 

ii 

17 

Hovering.  Yaw  SAS  off. 

Turn  right  and  left 

Autostab  inoperative 
evaluation 

2HB  and  2HC 
P43,  44 

18 

Hovering.  Yaw  SAS  ON, 

TURN  PITCH  SAS  OFF. 

Hover  steady  state 

H 

n 

19 

Hovering.  Pitch  SAS 

OFF,  TURN  ROLL  SAS 

OFF.  Hover  steady 
state 

it 

ii 

20 

If  Run  19  is  O.K., 

TURN  PITCH  SAS  OFF 

ALSO.  Hover  steady 
state 

ii 

ii 

21 

If  Run  20  is  O.K., 

TURN  YAW  SAS  OFF  t 
EVALUATE.  IfO.K., 
attempt  a  VTOL  landing 

ii 

ii 
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RUN 

NO. 

TEST  CONDITION 

AND  PROCEDURE 

TEST  PURPOSE 

REF. 

129 

22 

Trim  at  given  vector  angle, 

Translation,  stability 

1HB  and  2UE 

note  trim  A/S  straight 
and  level.  Push  to  increase 
speed,  stabilize,  pull  to 
decrease  speed,  stabilize. 

Note  forces  and  control 
position 

and  control  VTOL 

p  47,  48 

22a 

0  =  0°  Note  limit  speed 

20-243,  30-243,  30-246 

it 

b 

5° 

II 

c 

10° 

|f 

d 

15* 

tl  II  II 

g 

30® 

II  II  II 

i 

40® 

II  II  II 

j 

i* 

cn 

• 

II  II  II 

23 

Hover  mid-collective, 

Translation  limit  speed 

1HB  and  2HE 

0y  =  0,  trim.  Vector  to 

0v  =  5®,  hold  altitude 
w/collector.  Note  IAS, 
control  position  and 
force.  DO  NOT  RE¬ 
TRIM.  At  0y  =  5®  push 
to  limit  speed  holding 
altitude.  Decelerate  to 
hover 

at  5*  vector  angle. 

Static  longitudinal 
stability 

p  49,  50 

24 

From  0y  =  0,  hover  trim, 

accelerate  to  limit  speed 

with  0y  =  5*  and  attitude 

change.  Hold  attitude. 

Decelerate  to  hover  at 

0=0® 

V 

ti 

tl 

RUN 

NO. 

TEST  CONDITION 

AND  PROCEDURE 

TEST  PURPOSE 

REF. 

129 

25 

Hover  mid-eollectivet 

0V  =  0,  trim.  Vector  to 
=  10*,  hold  altitude  with 
collective.  Note  IAS,  con¬ 
trol  position  and  force.  DO 
NOT  RETRIM.  At  fiy  =  10% 
push  to  limit  speed  holding 
altitude.  Decelerate  to 

0y  =  10*  trim  IAS,  vector 
to  zero 

Static  longitudinal 
stability 

1IIB  and  2HE 

p  61,  62 

26 

Accelerate  to  Bv  -  10*  limit 
speed  fay  combined  vector 
and  attitude  change.  Hold 
altitude.  Decelerate  to 
hover 

it 

ii 

27 

From  hover,  vector  rapidly 
to  -  15° ,  then  slowly  to 

0V  ■  20* .  When  possible, 
vector  at  level  attitude, 
then  pitoh  to  limit  speed. 
Decelerate  to  Bv  *  0  by 
continuous  vectoring 

Static  longitudinal 
stability;  behavior 
response  with  different 
vectoring  rates 

lHB  and  2HE 
p  55,  56,  57 

20 

From  hover,  vector 
rapidly  to  20*,  then  slowly 
to  25* 

it 

ii 

31 

From  hover,  vector 
rapidly  to  25*,  then 
slowly  to  30* 

it 

ii 

33 

From  hover,  vector 
rapidly  to  30*,  then 
slowly  to  35* 

ii 

it 

36 

From  hover,  vector 
rapidly  to  35*,  then 
slowly  to  40* 

ii 

ii 
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HUN 

NO. 

TEST  CONDITION 

AND  PROCEDURE 

i  TEST  PURPOSE 

REF. 

129 

37 

From  hover,  vector  rapidly 
to  40*,  then  slowly  to  45* 

Static  longitudinal 
stability;  behavior 
response  with  different 
vectoring  rates 

lRB  and  2IIE 
p  55,  56,  57 

30 

From  hover,  vector  rapidly 
to  46* 

h 

ii 

41 

Py  =  30*  Level  flight. 

Stability  augmentation 
system  on  and  off 

Longitudinal  evaluation 
of  autostab  at  Py  =  30* 
Lateral  evaluation  of 
autostab  at  0  =30* 

V 

lRB  and  2I1E 
p  55,  56,  57 

42 

Py  m  30*  Level  flight. 

Stability  augmentation 
system  on  and  off 

m 

n 

43 

One  engine  =  15*, 
stabilize  rate  of  olimb  for 
46KIAS 

Emergency  Vertical 
Velocity  Control  VTOL 

2RF 

p  63,  64 

44 

One  engine  =  16*, 
stabilize  rate  of  olimb 
for  66  KLAS 

it 

ii 

44b 

One  engine  Py  =  16*, 
stabilize  rate  of  climb 
for  60  KIA8 

ii 

it 

46 

One  engine  Py  =  16*, 
stabilize  rate  of  olimb 
for  66  KIA8 

ii 

II 

46b 

One  engine  =  15*, 
stabilize  rate  of  olimb 
for  70  KIAS 

H 

II 

47 

One  engine  0y  «  20*, 
stabilize  rate  of  olimb 
for  66  KIAS 

ii 

II 
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HUN 

NO. 

TEST  CONDITION 

AND  PROCEDURE 

TEST  PURPOSE 

REF. 

129 

47b 

One  engine  0y  =  20°, 
stabilize  rate  of  climb  for 

60  KIAS 

Emergency  Vertical 
Velocity  Control,  VTOL 

2DF 

p  63,  64 

48 

One  engine  0y  =  20*, 
stabilize  rate  of  climb 
for  66  KIAS 

n 

ii 

49 

One  engine  =  30*, 

stabilize  rate  of  climb  for 

45  KIAS 

91 

ii 

49b 

One  engine  Py  =  30*, 
stabilize  rate  of  climb  for 

50  KIAS 

it 

ii 

50 

One  engine  =  30*, 

stabilize  rate  of  climb  for 

55  KIAS 

ii 

ii 

60b 

One  engine  Py  =  30*, 
stabilize  rate  of  climb  for 

60  KIAS 

ii 

ii 

61 

One  engine  =  30*, 

stabilize  rate  of  climb 
for  66  KIAS 

it 

ii 

62 

One  engine  fiy  =  40*, 
stabilize  rate  of  climb  for 

46  KIAS 

ii 

ii 

63 

One  engine  fiy  =  40*, 
stabilize  rate  of  climb 
for  56  KIAS 

ii 

ii 

63b 

One  engine  fiy  ■  40*, 
stabilize  rate  of  climb  for 

60  KIAS 

ii 

ii 
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RUN 

NO. 

TEST  CONDITION 

AND  PROCEDURE 

TEST  PURPOSE 

REF. 

129 

54 

One  engine  Py  =  40°, 
stabilize  rate  of  climb  for 

65  KIAS 

Emergency  Vertical 
Velocity  Control, 

VTOL 

2HF 

p  63,  64 

54b 

One  engine  Py  =  40°, 
stabilize  rate  of  climb  for 

70  KIAS 

it 

ii 

101 

One  engine,  jv  =  15°, 
push  to  increase  IAS, 

Vector  to  40* 

it 

ii 

56 

Hover  trim,  Py  =  0* .  Push 
to  increase  speed,  release 
stick.  Pull  to  decrease 
speed,  release 

Long  period 
longitudinal  stability, 
VTOL 

1HB 
p  79 

66 

Trim  Py  =  15*,  straight 
and  level.  Push  to  in¬ 
crease  speed,  release. 

Pull  to  decrease  speed, 
release 

Long  period 
longitudinal  stability 

1IIB 
p  79 

59 

Hover  trim,  Py  =  0*  rapidly 
push  stick  and  release. 

Rapidly  pull  stick  and 
release 

Short  period  longi¬ 
tudinal  stability 

1HB 
p  81 

60 

Trim  Py  =  15*,  straight 
and  level.  Rapidly  push 
stick  and  release.  Rapidly 
pull  stick  and  release 

ii 

ii 

65 

Trim  Py=  15*,  straight 
and  level.  Perform  con¬ 
stant  heading  sideslips; 
apply  left  rudder  in  5*  in¬ 
crements  and  bank  opposite 
to  maintain  constant  head- 
ing.  Continue  until  rudder 
or  aileron  limit  is  reached 

Static  lateral- 
directional  stability 

iiib 

p  83 
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RUN 

NO. 

TEST  CONDITION 

AND  PROCEDURE 

TEST  PURPOSE 

REF. 

129 

66 

Py  =  15%  Right  Rudder 
Sideslips 

Static  Lateral  -  Direc¬ 
tional  stability 

11IB  -  p  83 

67 

I  Py  =  30%  Left  Rudder 
Sideslips 

ii 

ii 

68 

Py  =  30%  Right  Rudder 
Sideslips 

it 

ii 

69 

Py  =  46%  Left  Rudder 
Sideslips 

it 

ii 

70 

Py  =  45%  Right  Rudder 
Sideslips 

ii 

it 

72 

From  Max.  sideslip  of  65 
and  66,  release  controls 

Dynamic  Lateral  - 
Directional  Stability 

lira 

p  85 

73 

From  Max.  sideslip  of  67 
and  68,  release  controls 

n 

ii 

74 

From  Max.  sideslip  of  69 
and  70,  release  controls 

it 

it 

76 

Hover  trim,  Py  =  0, 
establish  steady  bank  to 
left,  roll  rapidly  to 
stabilized  right  bank, 
roll  rapidly  to  stabilized 
left  bank 

Rate  of  roll  and 
adverse  yaw 

1RB 

p  87,  88 

76 

Trim  at  Py  =  15% 
straight  and  level,  repeat 

75 

ii 

ii 

77 

Trim  straight  and  level  at 

Py  *  30*,  repeat  75 

ii 

ii 

78 

Trim  straight  and  level  at 

0V«  46%  repeat  75 

VI 

ii 
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RUN 

NO. 

TEST  CONDITION 

AND  PROCEDURE 

TEST  PURPOSE 

REF. 

129 

79 

Preconvert  CTOL  mode, 
handling  characteristics 

Transition  build-up, 
CTOL.  Investigate  low 
speed  characteristics 

2H-1 

p  61 

80 

From  procedures  of  runs 
27-42,  determine  optimum 
technique  for  accelerating 
to  and  decelerating  from 
transition  speed.  Ease  of 
control  and  pilot  confidence 
are  objectives 

Transition  build-up, 

VTOL 

2mA 
p  67 

81 

Ascend  VTOL,  transition 
and  convert  CTOL,  convert 
to  VTOL  and  decelerate. 

Run  "typical"  transitions 

Transition  technique 
refinement 

2IDB,  2DIC 
p  69,  70,  71, 

72 

82 

Trim  straight  and  level  at 
=  40*,  vector  rapidly  to 

45*  and  convert  CTOL 

Low  speed  conversion 

83 

Hover  Py  -  0,  down  collec¬ 
tive.  Long  period 
longitudinal 

Stability  evaluation 

i  84 

Hover  Py  =  0,  down 
collective.  Short  period 
longitudinal 

•t 

85 

Hover  0y  =  0,  up  collective. 
Long  period  longitudinal 

ii 

86 

Hover  0y  =  0,  up  collective. 
Short  period  longitudinal 

ti 

89 

0V=O\  10  KLAStrim. 
Longitudinal,  lateral, 
directional  upsets 

Stability 
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RUN 

TEST  CONDITION 

NO. 

AND  PROCEDURE 

TEST  PURPOSE 

90 

=  0,  limit  speed.  Longi¬ 
tudinal,  lateral,  directional 
upsets 

Stability 

91 

=  6*,  trim  level.  Longi¬ 
tudinal,  lateral,  directional 
upsets. 

Stability 

92 

=  10*,  trim  level. 
Longitudinal,  lateral,  direc¬ 
tional  ig>sets 

Stability 

3.  5  FLIGHT  SIMULATOR  CONVERSION  STUDIES 


The  conversion  sequence  from  fan-powered  to  conventional  flight  is  as 
follows: 

Initial  Tail  Incidence  approximately  15°  up. 

1.  At  initiation  of  conversion,  the  tail  starts  toward  lull  down 
immediately. 

2.  If  tail  is  moving,  the  diverter  actuates  .3  sec.  after  start  of 
sequence. 

3.  Wing  fan  closure  doors  start  closing  after  the  diverter  has 
travelled  its  full  stroke. 

4.  If  the  diverter  does  not  begin  motion  within  .  5  sec.  of  tail  first 
motion,  the  tail  stops,  and  the  wing  fan  closure  doors  remain 
open. 

The  conversion  sequence  from  conventional  to  fan-powered  flight  is  as 
follows: 

1.  The  fan  doors  start  open. 

2.  When  the  fan  doors  are  2/3  open  (in  about  1  sec. ),  the  tail 
starts  toward  +10° ,  and  at  first  tail  motion  the  diverter  starts. 

3.  If  the  diverter  does  not  complete  its  stroke  within  .  2  sec. ,  the 
tail  motion  stops. 

During  the  conversion  cycle,  the  tail  moves  at  7.  5  deg.  /sec.  The  con¬ 
version  sequence  is  essentially  the  same  as  described  in  reference  1, 
and  this  portion  of  the  simulation  was  a  double-check  on  the  previous 
work. 

In  general,  conversions  in  either  direction  result  in  a  transient  varia¬ 
tion  of  normal  acceleration  of  about  .  5g.  Conventional  to  fan  results  in 
a  peak  load  factor  of  1.5,  and  fan  to  conventional  results  in  a  minimum 
load  factor  of  .5.  It  is  felt  that  these  figures  will  be  improved  upon 
under  actual  flight  conditions  because,  in  the  simulator,  the  pilot  must 
respond  entirely  to  visual  cues.  While  in  the  aircraft,  the  pilot  will 
sense  any  load  factor  transients  and  make  appropriate  corrections. 
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Figures  167  through  170  includes  recorder  traces  of  a  typical  conventional 
to  fan  conversion.  These  traces  are  typical,  and  were  not  chosen  to 
show  more  favorable  results.  In  this  conversion,  a  pilot- induced 
oscillation  in  normal  acceleration  occurred,  but  with  peaks  within 
±  .  5g  of  lift  equals  weight.  It  is  felt  that  these  transients  will  be 
minimized  by  load  factor  cues  in  the  actual  airplane,  whereas  in  the 
simulator,  rate  of  climb  is  the  highest  derivative  displayed. 

Figures  171  thorugh  174  is  a  conversion  from  fan  to  conventional  flight, 
and  about  the  same  characteristics  are  apparent. 

These  conversions  were  flown  with  the  pilot  directing  most  attention  to 
the  IVSI  in  an  attempt  to  hold  rate-of-climb  to  zero. 

3.  6.  1  Time  Histories 

Figures  175  through  179  are  time-history  recordings  of  flight  through¬ 
out  the  complete  fan-powered  and  low- speed  conventional  flight  regimes, 
including  hover,  transition  and  conversions  in  both  directions. 
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Figure  167  Conventional  to  Fan  Conversion  Time  History,  Pace  23 1R  Brush  Recorder 
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Figure  168  Conventional  to  Fan  Conversion  Time  History, 
Pace  231 R  Sanborn  Recorder 
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Figure  169  Conventional  to  Fan  Conversion  Time  History,  Pace  D  Recorder 
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BRUSH  INSTRUMENTS  DIVISION  Of  ClEviTE  COIfOIAHON  CLEVELAND  OHIO 


BRUSH  INSTRUMCMTS  DIVISION  Of  CLEVITE  COUfOUATlON  CLEVELAND.  OHIO 


Figure  171  Fan  to  Conventional  Conversion  Time  History,  Pace  231R  Brush  Recorder 
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Figure  173  Fan  to  Conventional  Conversion  Time  History,  Pace  D  Recorder 
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3.6 


PILOTING  METHODS 


3.6.1  General 

This  section  presents  a  summary  of  some  of  the  piloting  techniques  de¬ 
veloped  during  the  flight  simulator  program. 

The  inclusion  of  some  of  the  items  may  seem  superfluous,  but  all  the 
items  included  proved  useful  at  some  time  in  the  program  and  may 
prove  useful  in  later  test  phases  of  the  lift  fan  program. 

3.6.2  Hover  and  Low  Speed  Fan  Flight  Piloting  Methods 
Altitude  Control 


In  attempting  to  control  altitude,  some  pilots  had  a  strong  tendency  to 
over-control  the  collective  stick.  This  tendency  could  be  overcome  by 
the  following  piloting  method: 

When  reducing  vertical  velocity  in  either  direction, 
approach  the  trim  collective  stick  position  (for  lift 
equals  weight)  at  the  same  rate  as  the  rate  of  climb 
needle  approaches  zero.  For  instance,  if  the  aircraft 
had  an  approximately  steady  rate  of  climb  (stick  above 
neutral),  and  the  pilot  wished  to  remove  it  -  he  went  to 
a  collective  stick  position  below  neutral,  and  then  re¬ 
moved  this  negative  stick  position  at  the  same  rate  that 
the  rate  of  climb  needle  approached  zero  -  i.  **.  removed 
x  percent  of  the  stick  distance  below  neutral  in  the  same 
time  that  x  percent  of  the  original  vertical  velocity  was 
lost. 

Forward  Flight 


When  the  aircraft  is  nosed  down  in  pitch  to  develop  forward  velocity,  the 
pitch  stick  passes  through  a  set  of  switches  located  at  the  base  of  the 
stick  and  switches  the  stability  augmentation  system  from  holding  to 
maneuvering  mode. 

When  the  holding  mode  is  engaged,  transients  in  pitch  are  caused.  The 
aircraft  when  going  from  holding  to  maneuvering  mode  seems  to  "break 
loose",  and  in  going  in  the  reverse  direction  to  "hang  up".  While  this 
change  in  characteristics  can  be  tolerated  occasionally,  at  some  forward 
velocity  trim  pitch  stick  position  is  right  on  the  mode  switch,  and  pitch 


stick  movements  made  to  stabilize  the  aircraft  are  continuously  passing 
through  the  mode  switch.  These  continuous  changes  in  pitch  dynamics 
make  the  aircraft  very  unpleasant  to  fly. 

To  avoid  this  possibility,  either  the  stability  augmentation  pitch  channel 
capacitor  can  be  shorted  (in  which  case  holding  mode  and  maneuvering 
mode  both  are  pure  rate  feedbacks  and  the  transients  encountered  in 
passing  from  one  to  the  other  become  negligible),  or  the  stick-actuated 
mode  switches  can  be  removed  to  keep  the  system  in  one  mode  or  the  | 
other  at  all  times. 

Sideways  Flight 

Because  the  aircraft  builds  up  large  fan  induced  rolling  moments  with 
side  velocity,  and  because  the  stability  augmentation  system  capability 
to  remove  energy  from  the  system  oscillating  in  roll  is  limited,  some 
care  must  be  used  when  recovering  from  a  sideslip  maneuver. 

If  the  aircraft  has  a  large  side  velocity  and  the  roll  stick  is  suddenly 
centered,  the  aircraft  will  oscillate  violently  in  roll.  This  oscillation 
will  last  longer  than  the  position  of  the  dominant  second  order  poles  in 
roll  would  indicate.  This  is  because  the  maximum  roll  rates  are  large 
enough  to  saturate  the  stability  augmentation  system  almost  continuously 
(for  a  recovery  from  a  side  velocity  of  15  knots  for  example),  and  while 
operating  saturated,  the  stability  augmentation  system  is  not  removing 
as  large  a  percentage  of  the  system  energy  per  cycle  as  when  operating 
unsaturated. 

To  avoid  large  amplitude  roll  oscillations  when  recovering  from  a  side 
velocity  maneuver,  the  roll  stick  should  be  centered  slowly,  allowing 
the  stability  augmentation  system  to  operate  normally. 

3.6.3  Transition  Piloting  Methods 

Louver  Vectoring  and  Pitch  Control 


The  basic  pitch  control  problem  in  transition  is  discussed  in  some  detail 
in  Section  3.4.  The  problem  is  that  if  a  pilot  vectors  too  far  beyond  the 
trim  vector  angle  required  for  flight  at  a  given  velocity,  it  is  possible  to 
run  out  of  down  pitch  control  power. 

To  avoid  this,  the  pilot  must  limit  his  "vector  lead"  to  the  value  shown  in 
Figure  165.  A  simple  way  to  accomplish  this  is: 
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1.  Vector  to  a  maximum  of  25  degrees  vector  at  any  vector  rate 
(the  aircraft  will  accelerate  fast  enough  to  follow  the  present 
maximum  vector  actuation  rate  in  level  flight). 

2.  As  the  aircraft  accelerates,  the  pitch  stick  required  will  in¬ 
crease,  reach  a  maximum  and  begin  to  slowly  decrease. 

3.  As  the  pitch  stick  required  begins  to  decrease,  vector  angle  can 
be  slowly  added,  1  or  2  degrees  at  a  time,  holding  the  pitch  stick 
position  roughly  constant. 

4.  When  a  vector  angle  of  30  to  35  degrees  is  reached  by  this 
method,  high  speed  vectoring  can  be  resumed. 

3.6.4  Conversion  Piloting  Methods 

The  conversion  area  is  the  region  of  least  certainty  as  to  the  validity  of 
the  aerodynamic  data  itself,  as  well  as  to  the  validity  of  the  methods 
used  to  simulate  the  change  from  fan-powered  to  conventional  flight,  and 
vice-versa.  'Ihe  simulation  has  shown  that  the  transients  occurring  are 
no  larger  than  expected,  and  the  main  pilot  task  will  be  to  achieve 
smooth  rotation  of  the  vehicle  to  the  attitude  required  for  the  other  mode 
of  flight. 

The  conclusion  is  that  all  conversion  simulation  work  to  date  has  shown 
that  a  constant  tail  rate  during  the  conversion  transient  results  in  dis¬ 
turbances  well  within  the  control  capability  of  the  pilot. 

The  piloting  technique  during  conversion  will  evolve  only  as  a  result  of 
flight  tests,  and  any  further  discussion  of  the  simulator  results  would  be 
superfluous. 

3.6.5  Piloting  Methods  Against  Failures 

The  pilots  were  exposed  to  failures  as  summarized  in  Section  3.7.  The 
results  of  this  failure  study  will  be  discussed  in  the  YV-5A  Flight  Worthi¬ 
ness  Report.  Included  here,  however,  are  the  discussions  of  two  of  the 
most  important  failures. 

Tall  Runaway 

Should  the  horizontal  stabilizer  run  away  during  transition  above  a  veloc¬ 
ity  of  about  20  feet/second,  and  proceed  any  appreciable  distance  toward 
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its  full  down  position,  the  pilot  will  quickly  find  himself  out  of  pitch 
control  moment. 

To  give  the  pilot  warning  of  any  such  runaway,  an  aural  and  visual 
warning  to  indicate  tail  movement  has  been  added  to  the  aircraft. 

If  the  warning  sounds  when  the  pilot  is  not  commanding  horizontal 
stabilizer  movement,  the  pilot  should  immediately  select  "emergency 
trim.  ’’ 

If  this  does  not  correct  the  situation  (and  time  permits),  the  circuit 
breakers  for  the  tail  actuator  should  be  pulled.  If  all  else  fails,  the 
pilot  should  consider  departing  the  aircraft. 

Single  Eng’ne  Out  -  Fan  Mode 

For  the  conditions  simulated,  the  aircraft  cannot  sustain  level  fan  mode 
flight  on  one  engine. 

In  the  case  of  a  single  engine  out,  the  pilot  must  perform  a  pushover, 
roundout  and  flare  maneuver  to  land  the  aircraft. 

Flight  at  less  than  the  maximum  allowable  rate  of  sink  (10  feet/sec)  and 
less  than  stall  angle  of  attack  (20  to  22  degrees)  will  require  a  minimum 
of  57  knots,  indicated  air  speed.  If  the  aircraft  has  insufficient  air¬ 
speed,  altitude  must  be  exchanged  for  velocity,  with  a  flare  at  touchdown. 

This  "altitude  or  airspeed"  requirement  establishes  a  curve  within  which 
recovery  of  the  aircraft  is  not  possible  at  less  than  the  10  feet/second 
allowable  sink  rate.  Should  the  pilot  find  himself  within  this  curve  with 
only  one  engine,  he  should  consider  departing  the  aircraft. 

This  curve  is  given  in  Figure  180  for  a  typical  aircraft  flight  condition. 
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Figure  180  Single  Engine  Out  Recovery  Simulator  Results 


3.7  SIMULATION  OF  IN-FLIGHT  FAILURES 


A  complete  evaluation  of  the  failure  simulation  program  is  presented 
under  separate  cover  in  the  XV-5A  Flight  Worthiness  Report. 

This  section  deals  only  with  an  outline  of  the  general  modes  of  failure 
investigated,  and  the  means  used  to  mechanize  the  various  failures.  The 
failure  modes  investigated  fell  into  the  following  eight  categories: 

1.  Stability  Augmentation  Failures 

2.  Horizontal  Stabilizer  Control  Failures 

3.  Fan  Overspeed  Warning/Cutback  Failures 

4.  Single  Gas  Generator  Failures 

5.  Vector  Actuator  Failures 

6.  Diverter  Valve  System  Failures 

7.  Airspeed  Indicator  Failure 

8.  Mechanical  Mixer  Failures 

Stability  augmentation  failures  involved  single-axis  hard-over,  single 
axis  dead,  all  channels  dead,  and  combinations  of  servo  valve  coil 
failures. 

For  this  evaluation  the  pilot  was  directed  to  remain  in  the  primary  SA 
mode  and  attempt  to  Mfly  around”  the  failure.  A  small  switch  box  was 
placed  in  series  with  the  three  channel  inputs  to  enable  dead  or  hard- 
over  failures  to  be  introduced.  An  additional  switch  box  was  fabricated 
to  enable  open  or  short-circuiting  of  either  or  both  valve  coils  in  a  single 
servo. 

Horizontal  stabilizer  control  failures  were  introduced  by  means  of  a  test 
box  inserted  in  the  wiring  harness  to  the  horizontal  stabilizer  actuator 
and  associated  hardware.  Using  this  test  box,  all  types  of  failures 
which  could  occur  in  the  horizontal  stabilizer  system  were  investigated, 
including  a  few  likely  dual  failures. 
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The  fan  overspeed  warning/power  cutback  failures  were  accomplished  by 
introducing  transient  and  steady -state  signals  into  the  appropriate  points 
in  the  fan  overspeed  simulation  circuits. 

Gas  generator  failures  were  introduced  by  simultaneously  reducing  the 
total  gas  generator  power  to  the  fan  system  to  the  single-engine  equiva¬ 
lent  and  reducing  one  of  the  varidrive  units  to  zero  speed.  This  ap¬ 
proach  gave  appropriate  aural  cues  to  the  simulator  pilot. 

Vector  actuator  failures  were  introduced  by  means  of  a  test  box  in  series 
with  the  vector  actuator  harness  such  that  vector  actuator  runaway  and 
inoperative  failures  could  be  simulated,  as  well  as  vector  actuator  in¬ 
terlock  circuit  malfunctions. 

Diverter  valve  system  failures  included  the  simulation  of  the  diverter 
valve  time  delay  inoperative  and  failed  in  the  closed  position. 

The  airspeed  indicator  was  failed  by  removing  the  input. 

Mechanical  mixer  failures  were  introduced  by  disconnecting  various 
servo  input  torque  tubes. 
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3.8 


SUMMARY  OF  PROBLEMS  ENCOUNTERED  AND  DESIGN 
CHANGES 


Much  of  the  material  reviewed  here  is  presented  elsewhere,  but  it  is 

felt  valuable  to  review  all  changes  which  occurred  within  the  control  and 

stability  augmentation  systems  in  one  section  of  the  report.  These  are: 

1.  Modification  of  yaw  and  pitch  SA  system  to  provide  rate  damping 
only.  (Discussed  in  Section  3. 4. ) 

2.  Inclusion  of  filtering  on  output  of  rate-gyro  demodulators.  (Dis¬ 
cussed  in  Appendix  I. ) 

3.  Inclusion  of  a  15  cps  notch  network  in  all  SA  axes  for  elimination 
of  structural  feedback.  (Discussed  in  Appendix  I. ) 

4.  Installation  of  viscous  dampers  on  nose  fan  thrust  reverser 
doors.  (Discussed  in  Section  3.  2. ) 

5.  Increase  of  damping  in  aileron  boost  servo. 

6.  Modification  of  tail  trim  system  so  that  tail  is  full  up  to  40°  vec¬ 
tor  angle,  and  is  controlled  by  the  stick  grip  switch  thereafter. 
(Discussed  in  Section  3.4. ) 

7.  Extension  of  longitudinal  trim  range  below  40°  vector  angle  so 
that  the  stick  may  be  trimmed  to  zero  force  at  all  regions  of  the 
transition  regime.  (Discussed  in  Section  3.  4. ) 

8.  Change  of  lateral  stick  travel  to  ±4"  from  original  ±5"  to  afford 
clear'  nee  for  the  pilot’s  knees. 

9.  Change  of  stick  force  gradients  in  hover  to  1.  33  lb/inch  in  both 
roll  and  pitch. 

10.  Inclusion  of  a  visual  and  aural  signal  to  the  pilot  to  signify  tail 
motion. 

11.  Change  of  fan-powered  flight  regime  horizontal  tail  trim  rate 
from  4°  /sec  to  2.8°  /sec.  Discussed  in  Section  3. 4. 

12.  Change  of  final  tail  incidence  in  the  conventional  to  fan  conversion 
to  +10°  from  the  original  +12° . 
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13.  Modification  of  the  conversion  sequence  so  that  a  conversion 
could  be  aborted  at  any  time  with  no  ill  effects  on  the  pilot  or 
vehicle. 

All  except  Items  5,  8,  9,  10.  12,  and  13  are  covered  elsewhere. 

Item  5  -  Aileron  Boost  Servo  Damping 

The  aileron  boost  servo  as  installed  on  the  hydraulic  simulator  was 
marginally  stable,  in  that  a  transient  induced  into  the  aileron  tab  would 
sometimes  result  in  a  continuous  oscillation.  This  problem  was  solved 
by  increasing  the  internal  damping  of  the  actuator. 

Items  8  and  9  -  Lateral  Stick  Sensitivity  and  Stick  Force  Gradients 

Many  simulator  flights  were  made  investigating  the  effects  of  changes  in 
stick  sensitivity  and  force  gradients  at  near  hover  conditions. 

The  lateral  stick  originally  had  a  full  throw  of  ±5"  at  the  grip,  with  pro¬ 
visions  for  reduction  of  the  throw  to  as  low  as  ±3".  The  longitudinal 
stick  had  similar  throw  adjustment  provisions,  and  was  originally  set 
for  ±6"  of  travel.  The  stick  force  gradients  were  arbitrarily  set  quite 
high,  with  provisions  available  to  reduce  the  spring  feel  by  the  installa¬ 
tion  of  weaker  springs. 

Both  pilots  finally  agreed  upon  a  lateral  stick  throw  of  a  4"  because  the 
original  stick  throw  resulted  in  interference  between  the  stick  and  the 
pilot's  legs.  The  longitudinal  stick  throw  was  varied,  but  the  original 
setting  was  deemed  optimum.  Several  sets  of  feel  springs  were  installed 
and  evaluated,  and  the  preload  at  neutral  was  reduced  to  reduce  the 
breakout  force  requirements  to  a  minimum.  The  value  of  1.33  lb/inch 
was  chosen  as  the  optimum  gradient  for  best  stick  feel. 

Item  10  -  Aural/Visual  Tail  Motion  Warning 

As  a  result  of  the  failure  simulation  study,  it  was  found  that  an  uncom¬ 
manded  tail  motion  could  result  in  a  most  serious  flight  condition.  Even 
if  the  tail  were  moving  at  the  normal  transition  tail  rate  of  2.  8  deg/sec.  , 
the  pilots  in  general  did  not  recognize  the  malfunction  in  time  to  select 
emergency  trim  or  pull  the  tail  circuit  breakers.  To  warn  the  pilot  of 
such  an  event,  a  visual  .md  aural  signal  was  rigged  in  the  simulator 
which  greatly  increased  pilot/vehicle  survival  probability  under  runaway 
horizontal  tail  conditions.  A  system  to  provide  this  function  has  been 
incorporated  into  the  aircraft. 
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Item  12  -  Change  of  Final  Tail  Incidence  Position  at  the  Completion  of 
the  Conventional  to  Fan  Conversion 

Conversions  were  made  from  conventional  to  fan-powered  flight  at  a 
number  of  different  initial  velocity  points.  The  pilots  felt  that  the  best 
overall  system  was  obtained  when  the  horizontal  tail  was  programmed  to 
+10°  at  the  completion  of  its  up  travel.  This  position  will  probably  be 
modified  as  a  result  of  flight  tests. 

Item  13  -  Conversion  Sequence  Modification  to  Permit  Rapid  Abort  of 
Conversion  Attempt 

It  was  found  that  a  rapid  fan  to  conventional  and  back  to  fan  conversion 
command  by  the  pilot  could  result  in  the  tail  being  nearly  full  up  while 
the  diverter  valve  remained  in  the  conventional  mode.  This  was  a  cata¬ 
strophic  situation,  and  could  have  easily  occurred  for  some  reason  the 
pilot  decided  to  abort  the  fan  to  conventional  conversion  immediately 
after  initiation.  The  conversion  sequence  has  been  modified  so  that 
there  are  no  circumstances  under  which  the  pilot  can  get  into  trouble  in 
this  respect  if  all  systems  are  working  properly. 
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5.0  CONCLUSIONS 


Simulation  and  analysis  of  the  XV-5A  as  described  herein  have  produced 

the  following  results: 

1.  Stability  augmentation  (SA)  system  gains  were  optimized  by 
piloted  flight  simulator  evaluation  of  hovering  under  gusty  wind 
conditions.  A  Cooper  rating  of  2.3  was  derived  for  the  aircraft 
with  the  selected  gains.  The  final  SA  system  configuration  pro¬ 
vides  pitch  and  yaw  rate  damping  without  position  reference. 

Both  rate  and  position  signals  are  used  in  roll  with  the  position 
reference  removed  as  a  result  of  lateral  stick  control  command. 
In  the  primary  SA  system,  individual  pitch,  roll  or  yaw  channels 
may  be  independently  selected  and  gains  are  adjustable  by  the 
pilot.  The  secondary  configuration  is  ground  adjustable  over  the 
same  range  as  the  primary  system. 

2.  While  operation  of  the  SA  system  poses  no  problems  during 
transition,  stability  augmentation  is  unnecessary  above  40  knots 
IAS. 

3.  For  the  2,500  ft.  hot  day  conditions  simulated,  the  rapidity  with 
which  a  constant  altitude  transition  from  hovering  could  be  ac¬ 
complished  was  limited  by  power  available  and,  at  the  more  aft 
c.g.  locations  when  using  a  nose  fan  thrust  reversal  capability  of 
30%,  by  longitudinal  trim  capability.  No  power  or  control  limi¬ 
tations  appear  to  exist  in  a  landing  transition. 

4.  An  automatic  horizontal  trim  feature  has  been  selected  for  tran¬ 
sition  which  programs  the  tail  to  the  full  20  degree  incidence 
limit  at  all  louver  vector  angles  of  40  degrees  or  less.  For  vec¬ 
tor  angles  greater  than  40  degrees,  tail  trim  may  be  manually 
commanded  at  2.8  deg.  /sec. 

5.  Conversion  between  conventional  and  fan  flight  modes  is  accom¬ 
plished  by  timed  sequencing  of  the  wing  fan  door  opening  anti 
horizontal  tail  Incidence  change  as  a  function  of  diverter  valve 
motion.  The  introduction  at  the  proper  time  of  a  constant  hori¬ 
zontal  tail  trim  rate  of  7.5  deg.  /sec.  programed  to  a  pre- 
established  end  point  was  shown  to  permit  smooth  conversions 
over  a  range  of  initiation  flight  velocities. 


6.  Failure  studies  have  shown  that  uncommanded  tail  motion  could 
result  in  a  dangerous  flight  condition.  As  a  result,  both  aural 
and  visual  cockpit  signals  have  been  incorporated  into  the  aircraft 
to  indicate  lack  of  commanded  tail  motion  or  tail  runaway. 
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6.0  APPENDIX 


6.  1  STRUCTURAL  FEEDBACK 

In  the  work  previously  performed  concerning  pitch  structural  feedback 
problems,  a  second-order  nose  door  response  at  20  cps  with  .  1  critical 
damping  was  assumed.  This  analysis  indicated  the  need  for  a  notch 
network  to  filter  out  frequencies  around  15  cps,  so  that  the  airframe 
rigid  body  stability  would  be  the  limiting  factor  as  far  as  maximum 
SA  gain  was  concerned.  It  was  felt  at  that  time  that  the  roll  and  yaw 
modes  would  exhibit  no  structural  feedback  problems. 

As  a  result  of  airplane  system  tests  with  the  airplane  mounted  on 
spring  platforms,  it  was  found  that  the  nose  door  spring-mass  system 
had  a  lightly -damped  resonant  peak  at  14  cps,  ard  it  was  further  deter¬ 
mined  that  the  15  cps  notch  network  effectively  eliminated  pitch  system 
structural  feedback  problems,  while  leaving  the  airplane  rigid-body 
modes  essentially  unaffected.  However,  a  roll  ’'jitter"  at  17  cps  was 
noticed  during  these  tests  which  caused  continuous  louver  chatter. 

The  rate  gyro  bracket  was  found  to  be  quite  flexible  in  the  roll  axi3,  and 
to  exhibit  a  natural  frequency  of  about  20  cps.  In  addition,  the  wing 
exhibits  a  mode  at  17  cps. 

As  a  result  of  these  tests,  the  rate  gyro  mount  was  stiffened,  and  the 
15  cps  notch  network  was  included  in  both  the  roll  and  yaw  channels,  in 
addition  to  the  pitch  channel.  Thus,  all  SA  modules  remain  identical  and 
interchangeable. 

A  problem  arose  during  the  incorporation  of  the  parallel  "T*  notch  net¬ 
work  into  the  SA  system.  The  rate  gyro  output  is  double-sideband  sup¬ 
pressed  carrier  amplitude  modulation,  with  a  carrier  frequency  of  400 
cps.  This  signal  is  full- wave  demodulated  at  the  gyro  output  to  provide 
a  DC’  signal  for  use  with  the  input  compensation  network.  Since  the 
"T"  network  only  attenuates  the  DC  component  of  the  demodulated  rate 
gyro  signal,  the  AC  components  go  straight  through  the  system  and  result 
in  a  very  poor  notch.  A  1  nrfd  capacitor  was  placed  across  the  demodu¬ 
lator  output  to  ground,  and  with  the  demodulator  output  resistance  of  3K  R 
gave  a  filter  down  3DB  at  50  cps,  while  affording  a  theoretical  24  DB  of 
attenuation  of  the  800  cps  component  of  the  demodulated  rate  gyro  output 


329 


t 

* 


# 


signal.  As  actually  measured  the  notch  was  down  27  DB  from  the  low 
frequency  gain  value. 

For  this  reason,  the  1  mfd  filter  capacitor  was  incorporated  in  all  SA 
channels. 

As  a  point  of  interest,  the  airplane  system  tests  were  performed  both 
with  the  airplane  completely  buttoned  up,  and  with  the  engine  cowl  and 
canoe  removed.  Although  the  cowl  and  canoe  are  not  structural,  they 
had  a  definite  effect  on  the  test  results. 

The  tests  consisted  of  energizing  the  input  of  a  single  SA  channel  with  a 
variable  frequency  sine  wave,  and  measuring  the  resulting  output  from 
all  three  rate  gyros.  Since  this  was  done  with  the  hydraulic  systems 
energized,  the  amount  of  structural  feedback  to  the  rate  gyros  from 
roll,  pitch  and  yaw  inputs  was  measurable. 

The  yaw  rate  gyro  showed  negligible  response  to  excitation  by  inputs  to 
any  axis. 

The  roll  rate  gyro  showed  a  response  at  17  cps,  and  this  frequency  was 
present  over  the  whole  range  of  input  frequencies  to  the  roll  SA  channel. 

The  pitch  rate  gyro  showed  strong  responses  to  inputs  to  the  pitch  SA 
channel.  With  the  cowl  and  canoe  removed,  the  first  major  response 
occurred  at  9  cps,  and  the  second  at  14  cps,  the  frequency  of  the  nose- 
door  resonant  peak.  Since  the  first  symmetrical  body  mode  was  pre¬ 
viously  measured  at  12  cps,  it  was  concluded  that  the  9  cps  response  was 
the  first  body  mode  without  the  cowl  and  canoe.  The  test  was  repeated 
with  the  cowl  and  canoe  installed,  and  the  previous  9  cps  response  was 
not  evident,  but  the  body  12  cps  as  well  as  the  nose  door  14  cps  responses 
were  obtained. 

During  ground  engine/fan  tests,  the  lightly-damped  nose-door  second 
order  response  was  excited  by  the  nose  fan  door  efflux  to  such  an  extent 
that  large  door  oscillation  amplitudes  were  noticed  at  near  full-power 
runs. 


Hydraulic  dampers  were  installed  on  the  nose  doors  which  were  calculated 
to  increase  the  damping  to  .  2  critical  or  greater.  This  modification 
served  to  further  redu  e  the  possibility  of  structural  feedback  in  the 
pitch  mode. 
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6.  2  ELEVATOR  NOSE-DOOR  FEEDBACK 
Summary 


During  the  gi..und  tests  of  the  XV-5A,  it  was  found  that  the  elevator  had 
a  stick-fixed  resonance  at  9  cps  which  fed  into  the  nose-door  system 
through  the  base  of  the  locked  stick. 

Since  the  nose-doors  themselves  had  a  14  cps  natural  frequency  (which 
caused  feedback  through  the  SA  system),  and  two  airframe  symmetric 
modes  were  in  the  same  region,  it  was  felt  that  there  could  be  a  possible 
problem  of  the  elevator-nose-door  combination  setting  up  a  sustained 
oscillation  through  the  flexible  airframe. 

The  data  taken  during  the  ground  vibration  tests  was  used  to  determine 
the  first  two  symmetric  flexible  body  modes,  and  the  aircraft  mass  dis¬ 
tribution  and  measured  mode  shapes  were  used  to  calculate  the  gener¬ 
alized  mass  of  the  first  two  modes,  as  well  as  the  intermodal  mass  of 
the  same  modes.  The  intermodal  mass  determines  the  coupling  between 
the  modes  and  is  a  measure  of  the  orthogonality  ol  the  measured  modes. 
If  the  measured  modes  were  actual  normal  modes,  the  intermodal  gen¬ 
eralized  masses  would  be  zero. 

The  effect  of  the  intermodal  generalized  mass  on  the  first  two  modes 
was  calculated  and  determined  to  be  negligible. 

The  equations  of  motion  for  the  springy  elevator,  rigid  airframe  and 
flexible  airframe  combination  were  develojxjd  and  set  up  on  the  analog 
computer  alter  a  futile  try  at  hand  calculation. 

The  simulation  showed  that  a  20:1  increase  in  gain  through  the  elevator- 
nose  door  system  could  Ixj  tolerated  Indore  instability  occurred. 

Calculation  of  Generalized  Masses  for  the  First  and  Second 
Symmetric  Modes 

As  described  in  Reference  1,  tl  e  motion  of  the  flexible  airframe  csm  lx; 
described  by  means  of  the  normal  vibration  inodes  of  the  vehicle.  The 
problem  was  arbitrarily  simplified  to  include  only  the  effects  of  the 
first  two  symmetric  modes,  which  have  trequencies  of  71.  7  and  H8 
radians  |>er  second,  respectively. 

The  generalized  masses  of  the  first  two  modes  were  calculated  using  the 
latest  vehicle  mass  distribution  in  conjunction  with  smoothed  modal 
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displacement  data  obtained  from  the  ground  shake  tests.  Where  the  dis¬ 
placement  data  was  obtained  at  different  points  than  the  locations  of  the 
incremental  masses,  graphs  were  drawn  to  accurately  determine  the 
vehicle  displacements  at  the  incremental  mass  points.  These  vehicle 
displacements  were  then  normalized  and  used  to  calculate  m^,  m£2» 
and  m^2»  the  intermodal  mass. 

O 

The  values  in  slug  ft  are: 


m  .  = 

8.22 

11 

m  „  = 

19.49 

22 

rri  = 

1.  52 

12 

As  a  check  on  the  calculation  of  the  generalized  masses,  data  on  the 
maximum  vehicle  amplitude  in  the  first  mode  during  the  vibration  test 
was  utilized.  The  transient  response  of  the  1st  symmetric  mode  was 
recorded  on  an  oscillograph,  thus  enabling  the  damping  of  the  first  mode 
to  be  measured.  The  damping  ratio  of  the  first  mode  was  determined 
to  be  .  02.  In  addition,  the  shaker  forces  and  shaker  attach  point  dis¬ 
placements  were  known.  To  determine  the  maximum  displacement, 
q^1),  of  the  first  body  mode,  we  make  use  of  the  relationship,  assuming 
no  intermodal  coupling: 


1 

2  F  0 

s  s 

8  -  1 


(1) 


mn(S2  +  2£1  wns  +  wn2) 


(1) 


where  the  F8  values  are  the  shaker  forces  exciting  the  first  mode. 

If  we  let  S  =  j  co,  thus  assuming  the  shaker  forces  are  sinusoidal,  the 
transfer  function  becomes: 


2  F  <p 
8 


(1) 


coii  +2Jcou>ii£ 


.) 


(2) 


.  .  kv.^fli 


i 


I 


and  if  we  further  "tune"  the  exciting  frequency  so  that  we 

obtain  the  expression  for  the  value  of  q^: 


s 


1 

2  F  0 

,  s  s 


(1) 


(3) 


Now,  as  and  have  been  determined,  a  check  on  is  made 
possible. 


In  the  case  of  the  first  mode,  eight  shakers  were  applied,  and  the  ampli¬ 
tudes  and  normalized  displacements  of  the  shaker  inputs  are  given  below 
in  Table  12  along  with  the  generalized  force  components: 


TABLE  12 


SHAKER 

F 

8, 

PEAK 

*  (1) 

*s 

F  0  (1» 

8  S 

NUMBER 

SHAKER  FORCE 

1 

3 

.75 

2.25 

2 

5.7 

.75 

4.27 

3 

4.4 

.415 

1.83 

4 

-7.0 

-.227 

1.59 

6 

-10.2 

-.410 

4. 18 

7 

-2.5 

-.209 

.523 

8 

-1.14 

-.209 

.239 

=  F  ♦  W  - 
s  s 

16. 13 

We  can  now  use 


equation  (3)  to  solve  for  q^: 


1C.  13 

8.22(2  x“02  x  512G) 


(4) 


> 
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qw  =  .  00956  ft  =  .  1147  in. 


(5) 


* 


Now,  the  maximum  acceleration  measured  on  the  vehicle  during  this  test 
was  .  94  g*s.  At  a  frequency  of  71.  7  radians  per  second,  this  accelera¬ 
tion  is  equal  to  a  .  0059  ft  or  .0708  in.  peak  displacement.  Thus  the 
measured  displacement,  .  0708  in. ,  compares  fairly  well  with  the  calcu¬ 
lated  displacement  using  smoothed  mode  shape  data. 

The  effect  of  the  intermodal  mass,  m12,  can  be  determined  by  writing 
the  differential  equation  for  the  response  of  the  first  two  modes: 


11 


22 


.(1)  (2)  .  (1) 
q  +  mi2  q  +  R11 Q  = 

ZFjq(;) 

(6) 

”(2)  +  m  •■(!)  .  k  (2) 
q  +m2iq  +k22q  - 

”jq<r 

(7) 

Taking  the  Laplace  transform  of  (6)  and  (7) 


Jl)/q2m  +  k  \.„2  (2) 

q  \S  mil  +  kllJ+S  mi2q 

o2  „  J1*  <2)/  2  ,k  \ 

S  m12q  +  q  (S  m12  +  k22j 


ZF  q*** 
j  ) 


SFjqT  • 


and  solving  for  q(  1): 


(1) 


( 


.(2)  e2 


2  \  /  2  \  4  2 

S  m11+kll)(s  m  +k)-S  ml2 


(8) 


(9) 


(10) 


The  effect  of  mi2  on  the  response  of  q(*)  is  evident,  in  that  the  roots  of 
the  characteristic  equation  are  modified. 

If  we  add  the  effect  of  structural  damping  to  equation  10,  then 


(1) 


q(?  i 

fs2  m  +  SD  +  k  ^ 
{  22  22  22\ 

l-V? 

S'  mi2 

(s2  mu  +  SDU  +  kj 

(  S2  m  +  SD  +  k  ^ 

\  22  22  22  j 

1 "  ®4  m!22 

(11) 
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If  the  structural  damping  is  approximately  equal  to  £  =  .  02,  then 
Dn  =  23.  57,  and  D22  =  68.  6.  Substituting  values  of  mjj,  D^,  kjj, 
m22»  ^22»  ^22  anc*  m12*  we  a  new  characteristic  equation, 

which  is: 


157.89  (S4  +  6.48  S3  +  13.028  x  103  S2  +  40.756  x  103  S 

+  40.13  x  106)  =  0  (12) 

The  solution  of  this  equation  results  in  two  new  modal  frequencies,  with 
values  of  70.7  and  89.55  radians  per  second,  respectively.  Since  the 
uncoupled  frequencies  were  71.7  and  88  radians  per  second,  the  effect 
of  m^2  was  considered  to  be  negligible. 

In  order  to  include  the  nose-door  dynamic  effects  on  the  fuselage,  the 
characteristics  of  the  nose  fan  thrust-reverser  doors  including  the 
turning  vanes  were  calculated.  Since  the  vertical  reaction  on  the  vehicle 
is  caused  by  vertical  motion  of  the  nose-door  c.  g. ,  the  nose  door  c.  g. 
location  must  be  known  with  respect  to  the  door  hinge  line. 

Table  13  lists  the  nose  door  and  turning  vane  c.g.  location. 


TABLE  13 


ONE  NOSE  DOOR 

ONE  TURNING  VANE 

x 

57.3 

57.89 

y 

15.94 

10.9 

z 

83.0 

86.4 

Weight 

23  lbs 

8.87  lbs 

Solving  for  the  total  c.g.: 


8.87  (57.89)  +  23(57.3)  cri 

- =  57 . 4b 

31.87 

(13) 

8.87  (10.9)  +  23(15.94)  co 

31.87  =  1453 

(14) 

z  =  i-”  M&Z9JSL2L  .  83,95  (IB, 

In  addition,  the  Ix  of  the  vane  parts  about  the  vane  c.  g.  =  116  lb  in2. 

The  inertia  about  the  hinge  line  of  one  door  alone  was  measured  to  be 
1702  lb  in2. 

By  a  geometric  construction  the  moment  arm  of  the  turning  vanes  about 
the  nose  door  hinge  lines  was  found  to  be  6.  8". 

The  total  vane  inertia  about  the  hinge  line  is  thus: 

I  =  116  +  6.82  x  8.87  =  526  lb  in2  (16) 

’‘hinge  line 

The  addition  of  the  turning  vanes  thus  increases  the  inertia  of  a  single 
nose  door  from  1703  lb  in2  to  2228  lb.  in2.  The  increase  of  inertia 
lowers  the  nose-door  spring-mass  natural  frequency  to  about  77  rad/sec. 

By  means  of  the  same  construction  the  moment  arm  of  the  door  c.  g. 
about  the  hinge  line  was  found  to  be  3. 5".  At  zero  nose  fan  thrust, 
corresponding  to  45°  /3  v#  the  nose  door  plus  vane  c.  g.  rotation  has  a 
tangent  at  35°  from  the  vertical. 

The  vertical  acceleration  of  the  door  c.  g.  is  thus: 


z  =  rwcos  35°  =  3.  5  6  (.  82)  in/sec" 
c.  g.  p 


The  force  necessary  to  accelerate  the  door  c.  g.  is  thus: 


=  mA  (.82  x  3.5  6  ) 
VERT  door  p 


=  2.  87  m  6 
VERT  door  p 


(17) 


(18) 

(19) 


.  ,  ...  31.87  lb  sec2  _ 

The  mass  of  one  door  with  vanes  =  =  .  0825  — - - .  Therefore, 

386  in 

the  vertical  reaction  due  to  a  positive  door  angular  acceleration  is: 
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F  =  02. 87  x  .  0825  6  =  -.  236  6 

React.  p  p 


=  236  S  <5  ,  per  door. 

P 


In  addition,  the  nose  door  actuator  body  moves  with  the  nose  doors,  and 
has  a  gain  of  2. 74  inches  per  radian  of  <5p. 

The  moving  parte  of  the  actuator  weigh  about  6  lbs,  so  the  reaction  on 
the  vehicle  due  to  servo  acceleration  is: 


React. 


Servo 


2.  74  x  6  2  , 

— — — 6  =  -.  0426  S  6 

386  p  p 


We  must  now  compute  the  total  forces  exerted  on  the  vehicle  by  both 

sides  of  the  nose  doors  plus  the  servo.  Therefore,  using  a  gradient  of 

-1300  lbs  per  radian  of  6  for  static  nose  fan  thrust: 

P 

=  -1300  6p-  2  x  .  236  <5p  S2  -  .0426  6pS2  (2 

PTOT 


PTOT 


=  <5p  [-1300  -  (.  472  +  .  043)  S2] 


=  -1300  <5  1  4  — - - 

p  2520 


TOT 


The  effect  of  the  nose  door  mass  therefore  puts  a  second  order  zero  at 
S  =  ±J  50. 1  radians/second. 

The  effect  of  the  flexibility  of  the  system  between  the  servo  and  the 
doors  themselves  can  now  be  added  as  below,  where  |nose  door  been 
increased  to  about  .  2  critical  by  the  addition  of  fluid  dampers: 


-1300  <5 


[■■i] 


2  x  .  2  S  , 
~2  4  ~  77  ' 
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If  we  now  add  the  effect  of  the  nose  door  servo  actuator  response,  which 
is  a  1/20  sec.  time  lag,  we  obtain: 


(26) 


This  is  the  equation,  then,  for  the  net  force  on  the  airframe  due  to  nose 
door  input  command. 

The  elevator  system  is  connected  to  the  nose  door  system  through  the 
pitch  mixer.  At  /9  v  =  45° ,  the  gain  of  the  nose  door  rotation  to  elevator 
position  is  equal  to  .  69.  We  can  then  write: 


We  must  now  derive  the  relationships  governing  the  elevator  and  rigid 
body  dynamics. 


If  we  define  pitch  angle,  0,  in  the  usual  sense,  the  position  of  the  elevator 
with  respect  to  the  tail,  60,  is: 


6 

e 


A 


(28) 


where: 

6  =  Tail  pitch  angle 


0^  =  Elevator  pitch  angle 


In  our  analysis  we  will  assume  the  stick  is  fixed  in  the  cockpit.  Any 
elevator  deflection  from  neutral  will  be  opposed  by  both  the  hinge  moment 
due  to  elevator  deflection  and  tail  angle  of  attack,  and  the  spring  constant 
of  the  elevator  system.  In  our  elevator  system  the  elevator  inertia  is 


4 


equal  to  .  173  slug  ft2,  and  the  elevator  spring  mass  system  natural  fre¬ 
quency,  stick  fixed,  is  equal  to  55.2  rad/sec.  The  elevator  system 
spring  constant  is  thus  equal  to  525  ft  lbs/ rid.  We  can  thus  write  the 
equation  relating  elevator  torque  to  elevator  acceleration: 


IS 2 6  =  -K  6  +  H 

e  e  see 


(29) 


I  S20 
e  e 


-K  (0  -  0  \  +  H 

s  '  e  T  t 


(30) 


where  Ks  is  the  elevator  spring  constant,  referred  to  the  elevator  hinge 
line.  We  may  expand  He 


H 

e 


q  S  c 


(31) 


where  the  various  terms  are  as  defined  in  the  list  of  symbols  and 
definitions . 


For  this  vehicle: 


=  -.006/deg.  =  -.3438/rad 


=  -.0012/deg.  =  -.069/ rad 


S  =  11.97  ft2 
e 

c  =1.11  ft 


If  we  let  y=0,  then  a  =0,  so: 

H  =  qS  c  -.3438  6  -.069  0,1 
e  H  e  L  e  Tj 


(32) 

(33) 

(34) 

(35) 

(36) 
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or,  using  equation  28: 


H  =  qS  c 
e  €  e 


p. 3438  («£  -«T)-  .069  »TJ 

H  =  qS  c  |-.3438  A0  +  .27A0J 
€  H  €  €  I  e  TJ 


In  this  case,  we  define: 


0—0  +  o 

T  T  T 

RB  BT 


where: 


0  =  Incremental  variation  of  tail  pitch  angle  due  to  rigid 

RB  body  rotation. 

0  =  Incremental  variation  of  tail  pitch  angle  due  to  rotation 

BT  of  the  tail  under  flexible  body  bending. 

We  also  write  the  equations  relating  the  rigid  body  motions  of  the  vehicle 
to  elevator  deflections  and  angle  of  attack  variations: 


Iy  S  0  =  L_  -  L 

J  RB  NF  NF  T  T 


where: 


L _ =  nose  fan  lift  variation  due  to  elevator  deflection, 

NF 

shown  in  equation  (27). 

L^,  =  tail  lift  variation  due  to  elevator  deflection  and  angle 
of  attack  variations . 


The  tail  lift  terms  may  be  expanded  as  below: 


L_  =  q 
T 


Kt'tK  (0'£)  + 


c  t  <5  S. 

L<5  e  1 
e 


VTS  c 
T  w  „  l 
+  p— — cLe 

q 
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Substituting  values  into  eq.  (41)  and  letting  y  =  0, 


we  obtain: 


L_  =  q 
T  H 


144.6  0T  -  50.6  0^  +  62.8  6 ^ 


+  2171  pVTf)  (42) 


Using  eq.  (28),  we  rewrite  eq.  (42): 


L  =  q 
T  H 


81.8  0  -  50.6  0  +62.80t 


4  2171  p  vTe 


(43) 


All  of  the  data  are  now  at  hand  to  determine  the  stability  of  the  system. 


The  nose  fan  and  tail  lift  values  are  used  to  determine  the  generalized 
forces  for  the  first  two  flexible  body  modes,  and  these  in  turn  will  deter¬ 
mine  q(*)  and  q(2),  which  in  turn  will  de  termine  0  and  so  on. 

The  complete  differential  equations  to  be  solved,  in  operator  form,  are 
given  below. 


The  analog  computer  mechanization  for  these  equations  is  shown  in 
Figure  181. 


It  was  found  that  a  20:1  increase  in  gain  around  the  loop  was  required  to 
cause  any  instability  for  this  system.  The  conclusion  was  that  there 
will  be  no  problem  due  to  coupling  of  the  nose-doors  and  elevator  at 
high  vector  angles. 


Iy  S2 

0  -  L  x  -Lx 

RB  NF  NF  T  T 

(44) 

.  s2 
e 

0  =  -K  6  4  q  S  c  -.3438  0  -4  . 275  0 

e  se‘ee[  c  TJ 

(45) 

6  = 
c 

0  -  () 
e  T 

(46) 

°T  = 

0  4  0 

T  T 

RB  BT 

(47) 

-  <1(  ,  „<2>  „  <2> 

4  T  1  T 

(48  > 

Figure  181  Elevator-Nose  Feedback,  Analog  Computer  Setup 
Rigid  Body  Plus  First  Two  Flexible  Body  Modes 


L  0  <*>  +  L  0  (1) 

NF  yNF  T  ^ T 


f  S  +  .  04  Soj^  + 


2\ 

to  ] 

11  / 


L  (2)  +  Lt0<2) 

NF  VNF  T  VT 


m  [  S  +  .  04  Soj  + 
22  V  22 


2\ 

cj  ) 

22  / 


-897  6(1+ - - 

\  50. 12 


S  .  4S 

7i  + W+1 

77 


Lt  =  q  81.8  0^50.6  0  +62.8^  +  2171  p 


For  use  with  equations  48,  49,  and  50,  the  following  values  for  0  and  T 
obtain: 


0(1)  =  .28 
v  NF 


0(1>  -  +.46 

T 


0<2)  =,.50 

v  NF 


0%  -  *.64 


=  -.0369 
T 


c/2*  =  -.6830 

T 


In  the  solution  used  for  this  study,  the  effect  of  the  torque  developed  at 
the  elevator  hinge  line  on  the  flexible  body  modes  is  neglected. 

6.3  WINDS 

It  was  desired  to  enable  the  insertion  of  steady  and  gusty  winds  into  the 
simulation,  to  permit  a  more  realistic  evaluation  of  the  vehicle  handling 
qualities. 


The  inclusion  of  a  wind  vector  in  the  simulation  requires  the  modifica¬ 
tion  of  the  generation  <»1  u,  v,  w,  Vj,  and  their  derivative  functions, 
such  as  a,  0,  q,  etc. 
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Referring  to  equations  1,  2,  and  3  of  the  equations  of  motion,  It  is  seen 
that  the  u,  v,  and  w  components  of  the  first  two  terms  of  each  equation 
are  inertial  velocities  measured  with  respect  to  the  earth.  However,  the 
relative  velocity  affects  the  calculation  of  forces  and  moments. 

Thusly,  two  velocities  are  computed  for  each  of  the  linear  degrees  of 
freedom.  In  the  case  of  u,  the  inertial  value  of  u,  called  simply  u,  is 
used  in  the  body  dynamic  equation  and  ua,  the  effective  aerodynamic  u, 
is  computed  by  adding  the  wind  u,  uw,  to  u. 

Or 


u  =  u  +  u 
a  w 


Then: 


v  =  v  +  v 
a  w 


(29) 


w  =  w  +  w 
a  a 


(30) 


If  we  assume  the  surface  wind  acts  only  in  the  horizontal  plane,  and  only 
affects  the  airplane  x  -  y  plane,  we  can  write,  assuming  a  wind  of  Vw  fps 


is  blowing  from  a  direction  '&w: 

u  =  V  cos  (+  &  +  *  ) 
w  w  w 

(31) 

v  =  V  sin  (-  ¥  +  $  ) 
w  w  w 

(32) 

w  =0 
w 

(33) 

and  in  the  vertical  plane: 

w  =  w 
w  w 

(34) 

Where  V  and  ww  have  the  correct  spectral  densities  to  simulate  the 
desired  wind  characteristics. 

In  our  work,  to  conserve  equipment,  the  wind  mass  was  assumed  to  be 
blowing  from  the  *  =  0  direction,  with  no  variation  in  direction. 
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It  is  thus  possible  to  simulate  winds  from  any  direction  by  simply  rotating 
the  vehicle  in  yaw  to  the  desired  heading. 

If  the  wind  comes  from  the  *  =  0  direction,  then 


u  =  V  cos  4' 
w  w 


v  =  V  sin  4* 
w  w 


w  =  w  (w  is  assumed  independent  of  the  distribution  of  V  ) 
w  w  vv  w 

Thusly,  the  velocities  to  be  used  in  calculating  the  aerodynamic  terms 
are  subscripted  "a"  and  are: 

u  =  u  +  u 
a  w 


V  -  v  +  v 
a  w 


w  =  w  +  w 
a  w 

Once  the  method  of  inserting  winds  into  the  problem  is  determined,  the 
structure  of  the  wind  must  be  determined,  and  a  means  must  be 
developed  to  generate  this  wind  structure. 

The  method  chosen  was  to  determine  a  gust  spectral  density  and  then 
operate  on  a  white-noise  signal  with  the?  appropriate  transfer  function 
to  attain  this  spectral  density. 

The  only  available  information  on  surface  gusts  was  obtained  from 
Reference  2,  and  was  taken  on  Long  Island  at  a  height  of  300’ .  It  was 
felt  that  this  data  would  be  sufficiently  general  to  be  useful  in  this 
simulation. 


4  Av 

Table  14  is  a  listing  of  10 - —  versus  the  gust  frequency  in  cycles 

W 

in 

per  hour: 
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TABLE  14 


f,  cycles/hr  6 

8 

10  20 

40 

60 

80 

100 

200 

400 

104  Av*  - 
w  2 

m 

- 

68 

66 

52 

38 

32 

16 

7 

Av  is  defined  as  the  eddy  velocity,  and  Wm  is  defined  as  the  mean  wind. 

If  this  gust  spectrum  is  considered  valid  when  in  proximity  to  the  ground 
and  applicable  to  the  California  desert  area,  it  is  only  necessary  to 
generate  this  spectrum  and  set  the  gust  level  at  a  point  deemed  reason¬ 
able  from  local  observations . 

In  lieu  of  better  data,  observations  taken  at  a  local  yacht  club  have 
formed  the  basis  for  setting  gust  levels .  In  general,  over  a  period  of 
several  years,  it  has  been  noted  that  a  mean  wind  of  15  knots  will 
fluctuate  between  25  knots  and  10  knots.  If  we  can  assume  the  velocities 
normally  distributed,  then  the  15  knot  peak-peak  variation  can  be 
assumed  to  be  the  plus  or  minus  3  or  variation,  or  6  or  is  15  knots  or 
25.4  fps.  The  RMS  value  of  the  gust  is  then  a,  or  15/6  =  2.  5  knots. 

With  this  in  mind,  the  gust  spectrum  was  shaped  based  on  the  ARDC 
information,  and  added  to  a  steady  wind  in  varying  proportions. 

Now,  the  spectral  density  of  the  output  of  a  filter  driven  with  white 
noise  is: 


■Ton-on0"'  =  lG(J">|2  -Tnn  «">• 

where  <pm  (ju>)  is  a  constant,  given  as  volts  /cps,  and  G  (jw)  is  the 
frequency  response  of  the  filter. 

A  first  order  filter  was  used  to  fit  the  gust  spectrum  of  Table  14,  and 
the  data  of  this  table  along  with  the  resultant  of  white  noise  into  a  first 
order  filter  is  shown  in  Figure  182  for  three  filter  time  constant 
values . 
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For  no  particular  reason,  the  57. 3  cycle/hour  filter  was  chosen  to 
generate  the  gust  spectrum  for  this  study.  The  RMS  gust  level  was  set 
as  high  as  50  per  cent  of  the  steady  wind  for  handling  qualities  evalua¬ 
tions,  and  no  problems  were  apparent. 

In  the  case  of  vertical  winds,  absolutely  nothing  was  known  about  the 
expected  effects  of  fan  exhaust  impingement  and  re-ingestion. 

Since  the  vehicle  is  most  sensitive  in  roll,  the  output  of  a  white  noise 
generator  equivalent  to  an  RMS  rolling  moment  of  7500  ft/lbs  was 
applied  to  the  vehicle.  The  noise  generator  had  a  bandwidth  of  from  DC 
to  120  cps,  and  the  airframe  provided  the  filtering. 

With  the  worst  condition  of  rolling  moment  noise  and  no  pilot  roll  con¬ 
trol  the  SA  system  held  the  aircraft  to  within  plus  or  minus  8°  bank 
angle.  Altitude  control  was  precise  enough  at  this  time  to  successfully 
land  the  vehicle  in  this  noise  environment. 

6. 4  LOUVE  R  SE  RVO  TESTS 


Since  the  roll-yaw  bridge  concept  for  the  exit  louver  servo  electrical 
inputs  was  untested  until  the  XV-5A  hydraulic  simulator  became  avail¬ 
able,  seveial  tests  were  performed  to  determine  the  cross-coupling 
from  roll  to  yaw  and  vice  versa,  as  well  as  to  verify  the  predicted 
operation  in  the  presence  of  valve  coil  failures. 

The  roll-yaw  bridge  is  designed  such  that  each  of  the  two  electrical 
input  coils  for  an  actuator  is  located  in  an  opposite  bridge  leg.  If  the 
SA  amplifiers  had  infinite  output  resistance,  there  would  be  no  effect 
for  a  single  open  coil. 

When  the  simulator  was  first  turned  on,  an  open  coil  was  discovered  in 
the  aft  right  louver  servo,  and  the  data  for  roll  and  yaw  inputs  is 
presented  in  Table  1 5  following. 

The  input  was  adjusted  so  the  forward  left  louver  had  a  plus  or  minus 
1°  amplitude,  for  both  roll  and  yaw  inputs. 
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TABLE  15 


EFFECT  OF  SINGLE  OPEN  VALVE  COIL 


LOUVER 

FWD 

AFT 

P 

P 

FWD 

AFT 

PB 

a 

FUNCTION 

LT 

LT 

SLT 

VLT 

RT 

RT 

RT 

V 

RT 

Yaw  Input 

o 

* 

±.43° 

±.57° 

±.715 

+.65° 

•+  i 
• 

o 

+  .25° 

7.525 

Roll  Input 

±1° 

.45° 

±1.45 

±.  275° 

±.425° 

+  .7° 

71. 125° 

+.1375° 

Using  the  definitions: 


P 


s 


t 


P 


V 


2 


I 


We  calculate  ft  g  and  /3y  for  right  and  left  fans  in  Table  15. 

As  is  mentioned  in  the  failure  analysis  section,  fan-powered  flights 
were  made  with  both  open  and  shorted  valve  coils,  and  with  the  two 
coils  in  a  single  sorvo  open  and  shorted  simultaneously. 

These  failures  and  the  associated  coupling  as  shown  in  Table  15  have 
been  determined  to  have  essentially  no  effect  on  flying  qualities  when 
introduced  during  the  failure  simulation  program. 

Frequency  response  runs  were  made  on  installed  louver  and  nose  fan 
door  servos  on  the  hydraulic  simulator,  and  are  presented  in  Figures 
183  thru  187,  along  with  linear  fits  to  the  data. 

A  further  cross -coupling  effect  was  noted  which  didn’t  cause  flying 
problems,  but  is  of  interest. 

It  was  found  that  cross-coupling  occurred  from  roll-}  a  -j  and  yaw-roll 
which  varied  with  hydraulic  oil  temperature.  Measurement  were  made 
with  sufficient  roll  or  yaw  SA  inputs  to  cause  saturation  of  tl  servo 
electrical  input,  and  the  resulting  vector  and  stagger  changes  were 
noted.  These  are  given  in  'Bible  lti. 
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TABLE  16 


COLD  OIL 

LT 

\T 

\t 

+  Yaw  Rate 

+27.03° 

+  27.8“ 

+1.10° 

-4.  62° 

-  Yaw  Rate 

28.  06° 

27.18° 

-6.  06° 

+2. 72“ 

+  Roll  Rate 

+34. 76° 

+  20.4° 

-2.  06° 

QO 

• 

1 

-  Roll  Rate 

+20. 6° 

+  34.7° 

-2.  33° 

-1.07° 

WARM  OIL 
(190°  F) 

+  Yaw  Rate 

+26° 

+  27.15° 

-  .09° 

-5. 42° 

-  Yaw  Rate 

+28.  05° 

+  26.35° 

-6.  95° 

+1.73° 

+  Roll  Rate 

+33.  38° 

+19.8° 

-3.  54° 

-1.69° 

-  Roll  Rate 

+21.  0° 

-33.  5° 

-3.  00° 

-2.  2° 

As  originally  specified,  the  louver  deflection  for  full  electrical  input 
was  plus  or  minus  3. 4° .  Thus,  a  full  roll  signal  affords  6. 8°  of 
stagger  on  each  wing  (3. 4+3. 4),  and  a  full  yaw  signal  affords  3. 4°  of 

vector  on  each  wing 
6.5  GYROSCOPIC  COUPLING 

There  are  five  major  rotating  components  in  the  XV-5A  which  can  cause 
gyroscopic  coupling  effects.  These  are  the  two  J-85  gas  generators  and 
the  three  lift  fans.  Since  the  wing  fans  counter-rotate,  the  major  part  of 
wing  fan  angular  momentum  is  eliminated,  and  the  only  angular  momen¬ 
tum  arising  from  the  wing  fans  is  due  to  fan  speed  differential. 

Table  17  is  a  listing  of  the  various  angular  momentum  values  for  the 
engines  and  fans. 
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TABLE  17 


DIR.  OF  ROT. 

1. 

RT  J-85 

cw  from  rear 

2. 

LT-J-85 

cw  from  rear 

3. 

Nose  fan 

ccw  from  top 

4. 

Rt.  wing  fan 

cw  from  top 

5. 

Lt.  wing  fan 

ccw  from  top 

ANG.  MOM. 
AT  100% 

ROTATION 

AXIS  LOCATION 

1. 

885 

5°  up  from  x 

2. 

885 

5°  up  from  x 

3. 

-  552 

z 

4. 

8350 

z 

5. 

-8350 

z 

RPM 
@  100% 

POLAR 
MOM.  OF 
INERTIA 

ANG.  VEL, 
AT  100%, 
RAD/SEC 

16, 500 

.512 

1730 

16,500 

.512 

1730 

4, 074 

1.293 

426 

2,  640 

30.2 

276 

2, 640 

30.2 

276 

H 

H 

H 

X 

y 

z 

882 

0 

-  77.1 

882 

0 

-  77.1 

0 

0 

-  552 

0 

0 

8350 

C 

0 

-8360 

As  can  be  seen,  the  angular  momentums  from  the  wing  fans  will  normally 
cancel.  However,  the  case  of  full  roll  control  will  be  investigated  be¬ 
cause  the  fan  speed  on  the  wing  fans  will  differ  appreciably.  It  is  possible 
to  have  this  condition  in  the  case  of  hovering  in  a  sidewind,  for  example. 

At  full  gas  generator  power,  2500"  hot  day,  with  full  right  roll  commanded 
in  the  hover  mode,  the  right  and  left  wing  fan  RPM  can  be  computed 
from  the  following  relationships: 
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(1) 


c  S  (II  .  II  ) 

p  V  S 


1/2 

P 


and 


T 

ooo 


(2) 


g 

In  our  case,  Cp  =  1.  0  at  hover  and  pg  =  0,  and  Pp  at  100% 

Ng  =  3.  64  x  10§. 

If  we  command  full  roll  control  at  nominal  lift,  the  left  wing  stagger  will 
be  14° ,  and  the  right  wing  stagae*'  will  be  40° .  In  this  case,  assuming 
=  0,  the  ACp8  due  to  fis  will  be  12  on  the  right  wing  and  -.  014  on 
the  left  wing.  Thus  cp^  -  .88,  and  Cp^  =  ' 


Solving  Eq.  (1)  for  T000/^  with  p  =  .  00205,  we  obtain. 


T  /  1/2  ‘ 2/3 

ooo  /  6  ' 

RT  /3.  64  x  10  (.00205) 

.  88  x  42.  6 


-  271 


(3) 


T.H,0  /  0  1/2 

IT  /  3.64  x  10  (.00205) 


2/3 


F 


.  986  x  42.  6 


-  253 


H) 


Then, 


N 


RWF 


100- 


I 271 
291 


96.  6%, 


(•r>) 


u,  =  .  966  x  276  rad/sec  -  267  rad/sec 

RWF 


(6) 


/ 
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n 


100 


253 

291 


=  93.3% 


(?) 


N 


LWF 


^LWF  =  •  922x276  =  257. 5  rad/sec 


(8>) 


We  may  calculate  the  airplane  angular  momentums  in  this  configuration, 
assuming  »  100%. 


TABLE  18 


w,  RAD/SEC. 

I 

Ioj 

H 

X 

H 

y 

H 

z 

Total  J-85 

1730 

1.024 

1770 

1764 

0 

-154.2 

Nose  Fan 

426 

1.293 

-552 

0 

0 

-552 

Rt  Wing  Fan 

267 

30.2 

8070 

0 

0 

8070 

Lt  Wing  Fan 

257.5 

30.2 

-7780 

0 

0 

-7780 

TOTAL  H 

1764 

0 

-416.2 

RT  ROLL 


For  a  full  lef .  roll,  the  wing  fan  situation  is  reversed,  and  the  angular 
momentum  differential  is  of  the  opposite  sign.  For  this  case: 


TABLE  19 


To  judge  the  effect  of  this  angular  momentum  upon  the  vehicle,  we  can 
write  the  equations  of  motion  for  the  angular  degrees  of  freedom  of  the 
vehicle  and  detei"nine  the  frequency  of  nutation  associated  with  these 
constants.  As  the  period  of  the  nutation  increased,  the  pilot  would  find 
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it  harder  and  harder  to  detect,  and  it  would  finally  be  lost  in  the  normal 
vehicle  maneuver  motions. 

Assuming  the  vehicle  to  be  just  angular  momentum  and  inertia,  we  can 
write  from  the  laws  of  mechanics, 

lu  +ux  H  =  £  moments  applied  (12) 


where 


U) 

I 


(U 

H 


•A  •  A  •  A 

pi  f  q  j  +  r  k 

AAA 

1  i  i  I  j  t  I  k 


x  y  z 

AAA 

pi  i  q  j  +  r  k 

A  A 

II  M  II  j  f  II 


y  * 


A 

k 


(13) 

(14) 

(15) 

(16) 


we  can  now  expand  equation  (3  2)  as  follows: 


•A  s  A  *A  A  A  A  /  A  A  A 

1  pi  t  J  qj  4  I  rk  ——(pi  i  qj  i  rk)  x  /  II  i  -*  II  J  II  k 

x  y  z  I  x  y  z 


(IV) 


f  A  */' 

I  pi  i  1  qj  i  I  rk 
x  y  7 


A  A  A  A 

pll  k  -  pll  j  -  qll  k  4  q»l  i 

y  a  a  z 


A  A 

I  i  ll  j  -  i  ll  i 

x  .V 


(1H) 


A  A  A 

We  can  group  the  i,  j  and  k  values,  and  since  II  -  0, 


I  p  - 
X 

(1!)) 

I  q  = 

— i'll  i  pll 

(20) 

y 

x  /. 

• 

1  r  = 

z 

qn 

X 

(21) 

Now,  I  =.4250,  I  as  15000,  and  I  17000,  ho,  using  these  values  and 

x  y  '■ 

the  values  for  the  angular  inomentums  from  'Fable  11),  we  write 

4250  p  -  1)1)6  q  (22) 
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15000  q  =  -1764r + 996  p  (23) 

17000  r  =  1764  q  (24) 

Taking  the  Laplace  transform  and  dividing  by  the  inertia  values 

Sp  =  .  235  q  (25) 

Sq  =  118r  -  .067  p  (26) 

Sr  =  .104  q  (27) 

or 

Sp  -  .  235  q  +  0  =  0  (28) 

.  067p  +  Sq  +  .  118r  =  0  (29) 

0  -  .  104q  +  Sr  =  0  (30) 

Solving  for  the  characteristic  equation, 

3 

S  +  .067  (  .235)S  +  .118  ( .104)S  =  0  (31) 

S3  +  S  ( . 028)  =  0  (32) 

S (S2  +  .  028)  =  0  (33) 

S  (S2  +  .1672)  =  0  (34) 


Equation  34  shows  a  nutational  natural  frequency  of  .167  rad/sec,  or  a 
period  of  37.6  seconds.  This  period  is  so  long  that  the  pilot  woald  not 
notice  it,  and  the  gyroscopic  coupling  terms  were  thus  eliminated  from 
the  equations  of  motion. 

6.6  SHEAR  NOMOGRAPH 

This  nomograph  is  useful  in  relating  free  stream  dynamic  pressure,  air 
density,  fan  RPM  and  thrust  coefficient.  During  flight  test  all  of  these 
variables  except  thrust  coefficient,  Tc8,  will  be  available,  and  this 
chart  allows  the  quick  computation  of  Tc8.  The  chart  solves  the 
equation: 
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ooo 


T 


(1) 


pv. 


ooo 


Now,  I'0OO/a  ^  ^an  disc  loading  which  would  occur  il  suddenly  V-p, 

(J  v  and  s  were  reduced  to  zero,  which  means  that  T000/^  is  a  function 
only  of  fan  speed  and  the  density  of  the  air. 

For  the  XV-5A  main  fans,  the  fan  disc  loading  can  be  accurately 
expressed  as: 


N 


ooo 


F 


=  338a 


100 


(2) 


This  can  also  be  written: 


T 


nVo 

ooo  /  f 

-  -  338  I - j 

A  \  100 

F 


(3) 


In  this  form,  u  "corrected"  fan  HPM  is  used  in  calculating  Too0/y^  . 
These  data  are  taken  into  account  in  the  construction  of  Figure  18b 
H.  7  LOADED  PARALLEL  T  NETWORK 

In  general,  a  purallel  T  notch  network  is  used  to  provide  attenuation  of  an 
undesired  frequency  in  a  servo  amplifier  or  an  audio  amplifier,  where 
the  main  consideration  is  that  the  network  have  good  rejection  at  the  notch 
frequency.  Further,  in  many  cases  the  loading  of  the  network  can  be 
made  negligible,  as  well  as  the  effect  of  the  inqxidanee  of  the  circuit 
driving  the  network.  In  general,  the  undeslred  frequencies  are  far 
enough  separated  from  the  normal  signals  so  the  notch  network  has  no 
effect  on  the  normal  signals. 

In  our  case,  however,  the  network  is  fed  by  an  impedance  not  negligibly 
Hmull,  ami  drives  an  impedance  not  negligibly  large. 


It  will  be  shown  that  the  frequency  of  the  null  is  independent  of  the  source 
or  load  impedance,  but  that  the  network  response  above  and  below  the 
notch  is  affected. 

Figure  189  following  is  a  diagram  of  the  notch  network  with  source  and 
load  impedance: 


IC/L 


Figure  189  Parallel  'IVe  N« «t*-li  Network 


For  this  circuit,  w0,  the  frequency  of  maximum  attenuation  is  given  as: 

1 

w  =  —  - -  (1) 

°  v/2L  ItC 

For  simplicity,  we  make  the  substitution, 


Z 


s 


o 


and  the  transfer  function  oi  the  network  ran  be  written: 
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(■ 


o 


(1  ♦  Z2,  ”£= 
\  2L 


IN 


ML2  n/ST+KML2  \[ZL~2 iaiL/iFTKL2^!1]” 

2  [4L3  +  2ML3  +  4ML2  4  4KL2  +  4KML  +  2KML2  +  2KL3] 


Z  + 


ML2  /2L  +  KML2  v/2 L~  +  2KML  \/~2h  +  KL2  \fzL 


[2l3  + 

+ - - 


ML2  +  KL2 


] 


ML2  +  KML2  +  2  KML  +  KL2 


(2) 


If  we  let  K  =  0  and  M  =  00 ,  we  get  the  relationships  for  a  conventional 
unloaded  notch  network: 


2L  2 

E 

-—7  (1  +  Z  ) 

M-J 

O 

s/2L 

E 

r  ^3,2  1 

™  l2  /a: 

z2+(2L  +4L)  z+i 

l2  yir 

1  +  Z 


Z2  +  2L±i  Z  +  1 


\4l 


(3) 


(4) 


This  response  has  the  characteristics  of  a  complex  zero  pair  at  7?  =  -1 
and  a  complex  pole  pair  with  =  w0,  and  with  a  damping  ratio  deter¬ 
mined  by  L. 

We  solve  for  the  value  of  L  which  results  in  a  minimum  damping  ratio: 


24 


2L+4 

v/2L 


2d£ 

dL 


(2L+4)  (-1/2H2L)"3/2  <  2  )  +  2(2L)"l/2 


(5) 

(6) 
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d£ 

The  minimum  occurs  at  — 

dL 


0,  or, 


■(L<2)  ,  1  -  0 

3/2  1/2 

(2L)  (2L) 

(-) 

L+2  1 

3/2  ~  1/2 

(2L)  (2L) 

<H) 

L+2  _ 

2L 

<‘J) 

L+2  =  2L 

(n> 

L  -  2 

(ii) 

Thusly,  the  minimum  damping  for  the  denominator  term  occurs  at  L  -  2, 
and  is: 


L+2 


’min 


Al  y 4 


=  2 


we  can  now  solve  for  the  location  of  the  roots  of  the  denominator: 


Z  t  4Z  t  1  -  0 


-4i  yf  1  (i— 4 

Z  -  — - - - -  -3.722,  - .  268 


(12) 


(13) 

(11) 


The  second  order  denominator  is  then  composed  of  a  real  root  at 
S  —  - .  268  u)Q  and  a  real  root  at  S  -  -3.  732  u>0. 

In  our  case,  we  were  mainly  interested  in  keeping  the  phase  lag  below 
the  notch  frequency  as  low  as  possible  so  that  the  least  (tossible  effect  on 
the  airframe  rigid  laxly  would  result.  The  calculation  of  the  values  of  K, 
M,  and  I,  to  attain  minimum  low  frequency  phase  lag  was  not  attempted 
due  to  lack  of  time. 

The  network  may  be  designed,  however,  so  that  the  ratio  of  gain  below 
the  notch  to  the  gain  above  the  notch  can  be  any  desired  value.  If  the 
gain  is  higher  at  high  frequencies,  the  notch  characteristics  will  exhibit 


» 
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a  leading  (or  less  lagging)  phase  characteristic  when  compared  to  the 
network  with  equal  high  and  low  frequency  gain. 


Since  we  desire  the  higher  frequencies  to  have  at  least  no  more  response 
than  the  low  frequencies,  and  the  lowest  possible  phase  lag  at  low  fre¬ 
quencies,  L  =  2  was  picked  for  this  case. 

If  we  desire  the  u>n  of  the  denominator  to  be  u>0,  or  greater,  we  see, 
from  equation  2,  that: 


(322 

2L  +  ML  +  KL 
— 

2  2  2 
ML  +KML  +2KML  +  KL 


2  2  /  2L  +  ML  +  KL 

WN  °o  \  ML  +  KML  +  2 KM  +  KL 


- >  !  (17) 

ML  +■  KML  +  2 KM  +  KL  “  '  ' 

We  also  see  that  if  equation  17  is  equal  to  1,  the  condition  for  equal  high 
and  low  frequency  gains  is  met. 


Thus 


2L  +  ML  +  KL  -  ML  +  KML  +  2 KM  +  KL 


2L  =  KML  +  2 KM 


=  KM 


If  we  let  L  =  2  (an  arbitrary  choice  here), 


—  =  KM,  or  KM  =  2 
4 


i 
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Since  the  source  resistance,  R^,  is  3Kfi  and  the  load  resistance,  , 
is  IOOK  It  in  our  system, 

R  R  =  KMU2  (22) 

0  I  j 


300  =  2R  (in  K  Q  ) 


R  =  150 


R  =  / 150  =  12. 2K  Q 


3  100 

in  this  ease,  1,  -  2,  K  =  -  -  .  248,  M  =  —  —  =  8.2. 

J.  c* ,  1  w ,  Z 


The  hij»h  and  lov.  frequency  gains  are  thus: 


(IAIN 


j", I.  y 21.  [ml2  *  KM2  i  2KML+  KL2J 
I  ML2  i  KML2  i  2KML  <  KL2 

^  K  —  .  .  — —  —  ...  —  -  i  J 

r  3  2  21 

[2L  t  ML  t  KL  J 


f3  2 

21.  t  ML  i  KL 


21,  LI,  iM  i  K 


21.  «  M  K 


4  i  .  248  i  8.2  12.448 


=  .  66 


We  can  further  substitute  these  values  into  cquution  (2)  to  determine  the 
damping  ratio  of  the  denominator. 
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Thus: 


4x8  +  16.4x8  +  4x8.  2x4  +  4x.  248x4  +  4x2x.  248x8. 2 

+  2x.  248x8.  2x4  +  2x.  248x8 
8 . 2x8  +  2x4x2  +  2x2x2x2  +  .  248x8 


(30) 


24 


334.3 

99.6 


3.35 


(31) 


4  =1.67 


(32) 


The  response  of  the  notch  used  thus  becomes: 


E0  .66(1  +  Z2) 

E  2 

IN  Z  +3.35Z  +  1 


E0  _  .66  (1  +  Z2) 

E  (.335Z  +  1)  (3.015Z  +  1) 
IN 


(33) 


(34) 


The  effect  of  the  notch  on  the  root  locus  plots  is  nearly  negligible, 
except  for  the  static  gain  loss . 

Development  of  transfer  function  for  parallel  T  notch  network 


Referring  to  Figure  189  we  can  write  the  nodal  equation  for  the 
network; 


-CS  +  0  +  E  CS  +  CS  -f—  +  E_  -  CS 

J  2  L  RJ  °[ 


(35) 

(36) 

(37) 
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0  +  K  -  —  i  E  -CS  IE  — —  +  “  i  CS  =  0 

1  L  LRj  2  L  J  o[_  MR  LR  J 


(38) 


1  IS 

Now,  let  oo  =  — - ,  or,  C  =  -  and  also  let  —  =  Z, 


o  / 

v  2L  RC 


\J 2L  Rw, 


oo 


o 


and  we  can  rewrite  equations  35  thru  38  as  below: 
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1  1  z 

l 

a  h' 

z 

F!  Ui  rTF 

i  i , 

i 

”  Lit 

4  1  . 

2 

r  y  2l  . 

K 


4  0  = 


IN 

KR 


(39) 


K 


LR 


4  F 

2  4  Z 

4  0  ♦  K 

1 

‘l 

LU  RL/2L. 

() 

,'V 

=  0  (40) 


K 


0  *  K 


4  K 


z 

i  0  t 

f.' 

It  /2L 

r. 

2 

L' 

i 

i  L’ 

■ 

r, 

i 

LR 

La 

H 

r 

1 

1 

Z 

2Z_  1 

R  J  2L  R 


() 


Z 

R  \[ 2L 


=  0  (41) 


Z 


() 


4-  — -  I  — 


MR  LR 


R  /  2L 


0 


(42) 


It  ib  th* mi  possible  to  solve  the  al»ove  simultaneous  equations  to  arrive  at 
equation  (2). 
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6.8  STABILITY  AUGMENTATION  SYSTEM  HARDWARE  MEASURE- 
MENTS 


■ 


Figure  190  is  a  schematic  diagram  of  the  final  stability  augmentation 
system  configuration. 

The  system  is  identical  for  all  channels,  primary  and  standby,  with  the 
one  exception  that  the  330  MFD  capacitor  is  permanently  shorted  by 
means  of  a  jumper  in  the  primary  pitch  and  yaw  modes,  as  shown  by  the 
dashed  line. 

The  rate  gyro  400  CPS  double  sideband  suppressed  carrier  output  signal 
is  demodulated  to  separate  the  rate  information  from  the  carrier  compo¬ 
nents  ,  and  this  signal  is  fed  to  the  SA  shaping  network.  The  carrier 
harmonics  are  removed  by  the  1MFD  capacitor  placed  at  the  junction  of 
the  27K  and  1. 5K  resistors,  and  the  resulting  rate  signal  is  shaped  by 
the  network.  This  filtering  was  necessary  because  without  filtering  of 
the  gyro  demodulator  output  .he  400  CPS  harmonics  were  transmitted 
through  the  notch  network  with  small  attenuation,  to  be  remodulated  into 
"signal",  which  acts  to  degrade  the  15  CPS  notch  network  action  upon  the 
rate  signal. 

The  gain  of  the  notch  network  used  is  .57  at  frequencies  above  and  below 
the  notch  frequency,  and  this  reduces  the  overall  system  gain  somewhat. 
Since  the  system  is  operated  below  maximum  gain,  this  is  no  restriction. 

The  output  of  the  notch  network  is  remodulated  and  fed  through  the  ampli¬ 
fier  to  the  servo  valves. 

The  transfer  function  of  the  standby-system  and  primary  roll  system 
shaping  network  is  a  lag-lead  with  the  lead  time  constant  set  at  any  of 
six  values,  as  determined  by  the  "Ratio"  switch  setting  for  primary  roll. 
The  standby  system  ratio  can  be  varied,  but  is  not  a  cockpit  variable. 

The  transfer  function  is:  (neglecting  the  effect  of  the  1MFD  filter  capac¬ 
itor,  which  results  in  3DB  attenuation  at  50  CPS) 


*_0  _  1  +  10RS 

E  1  +  1  OS  ^ 

IN 

The  circled  numbers  in  Figure  190  refer  to  the  "ratio"  switch  positions, 
and  Table  20  relates  the  value  of  R  with  the  switch  position: 
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TABLE  20 


RATIO  SWITCH 

POSITION 

R 

10R 

1 

.  0025 

.  025 

2 

.  01 

.1 

3 

.  02 

.2 

4 

.  03 

.3 

5 

.  05 

.5 

6 

.1 

1 

If  we  consider  frequencies  such  that  10S»1 ,  equation  (1)  becomes: 


1  +  10RS 
10S 


—  d  +  1  °RS) 


Now,  if  a  rate  signal,  S,  is  applied  at  the  input,  we  have: 


+  10RS) 


(2) 


(3) 


It  can  be  seen  that  this  is  the  familiar  form  of  rate  plus  position  feed¬ 
back,  where  the  coefficient  of  S,  10R,  is  equal  to  the  ratio  of  rate  gain  to 
position  gain. 

If  R  =  .  1  is  chosen,  the  coefficient  of  S  is  unity,  and  we  have  a  system 
equivalent  (at  least  if  10S»\)  to  a  rate  plus  position  feedback  with  equal 
rate  and  position  gains . 

The  "ratio"  switch  thus  enables  the  selection  of  any  of  6  values  of  rate/ 
position  ratio,  as  shown  in  the  "10R"  column  of  Table  20. 

In  the  case  of  primary  yaw  and  pitch,  simulator  flights  indicated  that  im¬ 
proved  handling  qualifies  were  obtained  using  the  shorting  jumper  of  Fig¬ 
ure  190,  which  eliminates  the  effect  of  the  capacitor.  With  this  jumper 
installed,  the  effect  of  the  shaping  network  is  nothing  more  than  as  a 
variable  attenuator  in  the  holding  mode:  When  the  Ratio  switch  in  primary 
yaw  and  pitch  is  in  position  3,  and  the  maneuvering  and  holding  gain  pots 
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in  these  two  channels  are  set  to  the  same  value,  there  is  no  effect  when 
the  maneuver  switches  are  energized. 


The  system  exhibits  rate  feedback  only,  and  the  holding  and  maneuvering 
gains  are  identical.  This  modification  thus  allows  the  use  of  two  separate 
rate  gains  in  the  primary  pitch  and  yaw  modes.  The  SA  system  standby 
channel  retains  the  holding  feature  in  all  axes,  so  that  both  configurations 
can  be  tested  in  actual  flight.  In  the  "Maneuver"  mode,  the  primary  roll 
and  standby  SA  channels  have  the  following  transfer  function: 


-iK  .  OHS  U_Ll“?®LS) 
K  (1  +  .  1 5.1  S) 

IN 


(4) 


This  is  essentially  a  rate  gain,  due  to  the  short  numerator  and  denomina¬ 
tor  time  constants  involved. 


Figure  191  is  a  plot  of  the  normal  stability  augmentation  system  fre¬ 
quency  resixmse  taken  from  the  rate  gyro  output  to  the  valve  coil  input 
for  ratio  position  0  in  the  holding  mode  without  the  notch  network. 

Figure  1 92  is  a  plot  of  the  frequency  response  of  the  same  system  con¬ 
figuration  with  the  notch  network  installed. 

Figure  193  is  a  plot  of  the  frequency  res|xmse  of  the  system  in  the  normal 
maneuvering  mode  without  the  notch  network.  The  effect  of  the  lag-lead 
of  equation  (4)  is  noted. 

hater  work  revealed  that  the  effect  of  the  lag-lead  in  the  maneuvering 
mode  was  not  negligible,  and  the  470  i l  resistor  used  to  discharge  the 
330  MF1)  capacitor  was  changed  to  47  if. 

0.9  l.OUVFU  SKKVO  CIIANtlF  ANALYSIS 

The  first  VTOL  hover  flight  attempt  showed  that  roll  control  |xiwer  was 
not  adequate  for  flight.  This  wuh  due  to  the  fact  that  the  louver  airloads 
were  much  higher  than  anticipated,  and  consequently  the  louver  servos 
were  stalling. 


New  servos  were  designed  which  delivered  the  required  louver  stagger 
deflections.  The  time  constants  for  the  new  servos  are: 


Fwd  Servos:  /  .07  sec. 
Aft  Servos:  i  .  0t*  sec. 


; 
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Figure  193  Stability  Augmentation  System  Frequency  Response  Maneuvering  Mode  without  Notch  Network 


fit 


Because  the  responses  of  both  new  servos  are  different  from  the  response 
of  the  previous  servos,  the  performance  of  the  airframe/stability  aug¬ 
mentation  system  is  changed. 

The  following  analysis  was  made  to  determine  the  effect  of  the  servo 
change. 

SERVO  CHANGE  ANALYSIS 

From  the  definitions  of  vector  and  stagger  deflections: 


P  =  0,-0, 
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The  approximate  transfer  functions  of  the  new  servos  are: 
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where:  is  the  commanded  forward  louver  deflection 
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is  the  commanded  aft  louver  deflection 
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Substituting  expressions  3  and  4  into  expressions  1  ami  2  we  obtain: 
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as: 


If  we  define  a  /3  and  a  (3 

commanded  commanded 


=  -2^  =  w2 

c  c  c 


(7) 

(8) 


We  then  obtain  from  expressions  5  and  6: 


Expressions  9  and  10  would  both  reduce  to  a  single  time  constant  if 
T1  =  7  2  an<*  exPres8^ons  11  and  12  would  go  to  zero  in  this  case. 


Simplifying  expressions  9  thru  12  there  obtains: 
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Expressions  13  and  14  give  the  new  stagger  and  vector  responses  with  the 
new  servos  in  response  to  stagger  and  vector  commands. 

Expressions  15  and  16  give  the  stagger  response  to  vector  inputs  and 
vector  response  to  stagger  inputs. 

To  check  the  compatibility  of  the  new  servo  system  with  the  aircraft  in 
roll  and  yaw,  root  locus  plots  were  drawn  and  gains  for  the  instability 
point  and  the  .  5  critical  damping  point  were  determined. 

Figures  194,  195  and  196  are  the  root  locus  plots  of  the  system.  The 
gains  mentioned  are  given  in  Table  21. 

Examination  of  the  root  locus  and  Table  21  shows  that  the  new  servo  sys¬ 
tem  does  not  substantially  effect  either  roll  or  yaw  systems  and  that  the 
new  servo  system  can  be  approximated  by  a  single  first  order  system 
with  a  time  constant  equal  to  the  average  of  the  time  constants  of  the  for¬ 
ward  and  aft  servos. 

CROSS  COUPLING 

Examination  of  expressions  1  5  and  16  shown  above  shows  that  a  oross 
coupling  effect  from  roll  to  yaw  and  yaw  to  roll  arises  when  the  time 
constants  of  the  forward  and  aft  louver  servos  differ. 

This  effect  washes  out  with  frequency,  but  to  determine  its  importance  it 
is  examined. 

A  first  block  diagram  of  the  systems  showing  this  cross  coupling  effect 
is  given  in  Figure  19? . 

A  second  block  diagram  showing  the  same  system  rearranged  for  analy¬ 
sis  of  the  overall  yaw  res|K)nse  to  yaw  inputs  is  shown  in  Figure  19H. 
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Figure  194  Final  Yaw  System  Hover  Root  Locus 


Figure  195  Roll  System  Hover  Root  Locus,  R  =  .  1  with 
Reworked  Fore  and  Aft  Louver  Servo  Time 


Figure  196  Roll  System  Hover  Root  Locus,  R  =  .  1  with 
Reworked  Fore  and  Aft  Louver  Servo  Time 


CAPACITOR  IN  CAPACITOR  OUT 


TABLE  21 


YAW  SYSTEM  *** 
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as 
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GAIN  FOR 

GAIN  FOR 

4=.5 

INSTABILITY 

RATIO 

SETTING 

6 

.398 

2.15 

5 

.794 

4.  31 

4 

1.32** 

7.15 

3 

1.99 

10.75 

MANEUVERING 

MODE 

1.99 

10.75 

ROIL 

SYSTEM 

€=.5 

INSTABIIJTY 

RATIO 

SETTING 

6 

.131 

.710 

5 

.262 

1.420 

4 

.436 

2.  360 

3 

.654 

3.  550 

MANEUVERING 

MODE 

.695 

3.78 

*  Refer  to  Figure  141  of  Section  3. 1  for  corresponding  pot  settings. 

**  Maximum  reachable  gain  Is  1.00  (100%  of  present  capability) 
Figures  are  given  for  possible  future  use. 


***  Taken  from  Figure 


ROLL  TO  YAW  AND  YAW  TO  ROLL  CROSS  COUPLING 


The  transfer  function  for  roll  angle  due  to  yaw  input  can  be  seen  from 
Figure  197  to  be: 


The  transfer  function  for  roll  angle  due  to  roll  input  is: 


The  relative  strengths  of  these  roll  outputs  can  be  compared  by  forming 
the  ratio: 


Substituting  the  transfer  functions  of  the  servo  system  as  given  in  equa¬ 
tions  15  and  16  and  including  the  louver  sensitivities  to  servo  torque 
motor  current  Inputs  so  that  a  comparison  can  be  obtained  in  hover: 


(.425° / ma)  2  (VV  /  S 
(.  850°  /ma)  (t  +  r  )  (  ,  2 


(20) 


(21) 


Substituting  the  given  values  for  t  and  t  and  interpreting  the  results  we 
find: 

1.  That  at  time  0,  an  instantaneous  step  yaw  input  will  produce  1/8 
the  stagger  deflection  produced  by  an  equivalent  roll  input. 

2.  That  this  deflection  washes  out  to  less  than  1/3  of  this  value  in 
.  08  seconds. 


These  results  would  indicate  that  yaw  to  roll  cross  coupling  due  to  the 
difference  in  forward  and  aft  louver  responses  is  negligible. 

Further,  since  the  transfer  functions  for  roll  to  yaw  cross  coupling  are 
identical  to  those  shown  above,  the  same  conclusions  can  be  drawn  for 
roll  to  yaw  cross  coupling. 

YAW  TO  ROLL  TO  YAW  CROSS  COUPLING 


The  change  in  yaw  response  of  the  aircraft  due  to  yaw  inputs  that  occurs 
because  of  yaw  into  roll  into  yaw  cross  coupling  is  examined  below. 


Referring  to  Figure  198  we  can  develop  the  following  transfer  function: 


(22) 


Expanding  this  transfer  function  we  find  the  characteristic  equation  to  be: 
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Examining  this  characteristic  equation  for  the  stability  augmentation 
system  settings  and  aircraft  conditions  in  hover  that  were  used  in  the 
first  hover  flight  at  Edwards  AFB,  we  arrive  at  the  following 
conclusions: 

1.  The  characteristic  equation  is  of  the  following  form: 

S7  +  (4.  86  x  I01v  S6  +  (9.  20  x  102)  S5  +  (9. 369  x  103)  S4  (24) 

4  3  5  2  5 

+  (5.11X10)8  +  (1 . 44  x  10  )  S  +(1.46x10)8 

4 

+  3.  65  x  10  =0 

2.  Of  these  seven  poles,  three  are  located  in  the  approximate  posi¬ 
tions  that  the  yaw  stability  augmentation  system  poles  are  located 
with  zero  cross  coupling  (t  =t  ). 

1  Ld 

3.  Of  these  seven  poles,  four  are  located  close  to  the  positions  that 
would  be  occupied  by  the  roll  stability  augmentation  system  poles 
with  zero  cross  coupling. 

Examining  the  transfer  function  from  which  this  characteristic  equation 
is  derived,  we  see  that  the  zeroes  of  this  transfer  function  are  the  poles 
of  the  roll  system  without  cross  coupling. 

Therefore,  we  conclude  that  the  dominant  modes  in  yaw  without  cross 
coupling  are  still  the  dominant  modes  with  cross  coupling.  The  effect  of 
cross  coupling  is  to  add  some  slight  residual  roll  modes  at  frequencies 
and  dampings  close  to  the  zero  cross  coupling  roll  mode  dynamics. 

The  strength  of  the  change  in  the  system  can  also  be  evaluated  by  com¬ 
paring  the  polynomial  of  Equation  25  for  zero  cross  coupling  with  Equa¬ 
tion  24. 

7  1  6  2  5  3  4 

S  +  (4.  86  x  10  )  S  +  (9.  20  x  10  )  S  +(9.369  xlO)S  (25) 
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+  (5. 11  X  10  -  3290  k  k  )  S  +  (1.  44  x  10  -  3290  k  k  )S 

cp  <p 

5  4 

+  (1.46  x  10  )  S  +  (3.65  x  10  )  =  0 
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For  =  .10  the  SA  settings  used  in  the  aircraft,  the  difference 

in  equations  24  and  25  is  negligible,  as  is  yaw  to  roll  to  yaw  cross 
coupling. 

6. 10  SETUP  AND  USE  OF  PADDED  SERVO  MULTIPLIER  POTENTI¬ 
OMETERS 

A  considerable  use  was  made  in  this  simulation  of  padded  servo  multi¬ 
plier  potentiometers  for  the  generation  of  nonlinear  functions  incidental 
to  the  simulation. 

Padded  servo  potentiometers  have  been  widely  used  in  analog  simulation, 
but  we  mechanize  the  pot-padding  in  a  way  which  is  somewhat  different. 

In  the  usual  analog  facility,  commercial  pot-padding  equipment  is  avail¬ 
able  which  uses  an  adjustable  small  variable  resistor  connected  to  each 
of  the  17  taps  on  each  padded  servo  cup.  This  gear  has  two  disadvan¬ 
tages.  These  are:  (1)  the  size  of  the  rack  containing  all  of  the  padding 
resistors,  and  (2)  each  time  a  function  is  removed  and  another  set  up, 
the  tap  resistors  must  be  reset. 

The  Ryan  system  is  advantageous  if  two  or  more  simulations  must  alter¬ 
nate  on  the  same  computer.  This  technique  uses  removable  etched  cir¬ 
cuit  boards  which  enable  calculated  values  of  tap  resistors  to  be  perma¬ 
nently  soldered  to  the  board.  The  boards  plug  into  circuit  board 
receptacles,  so  that  once  a  function  is  set  up  it  can  be  permanently  re¬ 
tained,  and  may  bo  used  again  with  no  further  setup  time,  save  the  time 
it  takes  to  plug  it  back  in. 

The  boards  use  1/2  watt  or  1  watt  5%  carbon  resistors,  and  it  is  possi¬ 
ble  to  set  up  functions  within  ±.  2%  of  full  scale. 

The  great  advantage  of  pot  padding  is  that  a  function  may  be  generated 
and  simultaneously  multiplied  by  another  function  using  only  one  servo 
cup,  which  effectively  Increases  the  size  of  the  computer  a  significant 
amount. 

Pot  padding  inherently  has  two  disadvantages.  These  are:  (1)  the  spac¬ 
ing  of  function  break  points  is  fixed,  since  the  taps  huve  equal  spacing, 
and  (2)  the  servo  multiplier  has  limited  bandwidth. 

For  these  reasons  it  is  necessary  to  use  pot  padding  only  where  the  in¬ 
dependent  variable  has  a  sufficiently  low  bandwidth,  and  the  restriction 
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of  equal  tap  spacing  does  not  compromise  the  accuracy  of  fit  enough  to 
make  the  fit  unacceptable. 

Referring  to  Figure  199,  it  is  possible  to  write  the  modal  equations  de¬ 
termining  the  required  values  of  tap  resistor  assuming  the  arm  of  the 
padded  cup  works  into  an  infinite  load. 

These  equation  are: 

E  -E  E  -E  E  -E  „ 

—2 —  +  +  -S-JUl  =  o  (] 

R  R  R  ' 

n 

We  can  solve  this  equation  for  R  : 
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Where: 


E  =  100V,  -100V,  or  Zero 

E^  =  the  desired  voltage  on  tap  n 


E^+1  =  the  desired  voltage  on  tap  n+1 


E  ,  =  the  desired  voltage  on  tap  n-1 
n-1 

R  =  1/16  of  the  pot  resistance 


(2) 


If  the  loading  effect  of  the  finite  resistance  the  pot  arm  feeds  into  is 
taken  into  account,  the  equations  become  too  complex.  However,  equa¬ 
tion  (2)  is  approximate  and  sufficiently  accurate  if  the  load  is  held  to  1 
megohm.  Further,  when  the  circuit  boards  are  set  up  and  calibrated, 
the  taps  are  properly  loaded  during  the  process,  and  errors  are  trimmed 
out.  As  a  rule  it  is  easy  to  keep  the  errors  of  the  generated  function  to 
within  the  tolerance  previously  specified. 


A  digital  computer  is  used  to  calculate  the  resistor  values  and  pick  the 
nearest  standard  5%  value.  Unselected  5%  resistors  generally  afford 
sufficient  accuracy  if  just  the  two  end  resistors  are  trimmed. 
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